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FOREWORD

Through the post-Apollo.reduction of the space effort in the USA and most other western countries the subject of
hypersonic acrodynamics has been neglected in favour of more pressing needs in areas like transonic aerodynamics. New
developments on both sides of the Atlantic place both the facilities and the qualified personnel in very strong demand again.
This is mainly because of renewed strong interest in space applications such as space stations. atmospheric braking, re-entry
vehicles, transatmospheric aircraft etc.

The symposium provided a forum for a stocktaking of the still-available and new facilities. a discussion of traditional
and newly-developed experimental and numerical techniques for hypersonic applications, as well as for presentations of
design techniques and new projects. The meeting was timely, not because of a large body of accumulated good work, but
because — at the outset ot the presently starting new era of hypersonic aerodynamics — it highlights the directions in whicn
particular effort must be invested in the coming years.

En raison de la diminution des efforts déployés dans le domaine spatial aprés le programme Apollo, tant aux Etats Unis
que dans la plupart des autres pays occidentaux, la question de I'aérodynamique hypersonique a été négligée au profit de
besoins plus pressants dans des domaines tels que I'aérodynamique transsonique. De nouveaux développements realisés des
deux cotés de I'Atlantique font qu'il existe & nouvcau une tres forte demande en matiere d'installatior:« et de personnel
quatifi¢. Ceci est di principalement a un grand renouveau d'intérét pour les applications spatiales telles que les stations
spatiales. le freinage dans 'atmosphere, les véhicules de rentrée, les avions transatmosphériques, etc.

Ce symposium a ét€ I'occasion d'un forum permettant de faire linventaire des installations toujours disponibles et des
installations nouvelles, de passer en revue les techniques expérimentales et numériques traditionnelles et nouvellement mises
au point, et de présenter des techniques d'étude ainsi ue de nouveaux projets. Cette réunion était opportune. non seulement
en raison de la grande quantité de bons travaux rassemblés, mais parce qu'elle met en lumiére — ap début de la nouvelle ére
de I'aérodynamique hypersonique qui est en train de s’ouvrir — les directions dans lesquelles un effort particulier doit étre
consenti dans les années a venir.
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A SURVEY OF EXISTING HYPERSONIC GROUND TEST FACILITIES — NORTH AMERICA
by
C.E.Wiuliff
Calspan Corporation

P.0. Box K0
Buffalo, NY 14225 USA

ABSTRACT

In the past several years there has been a significant increase in the
number of programs involving hypersonic vehicles, resulting in a resurgance of
interest in experimental testing in hypersonic wind tunnels. Unfortunately,
there are far fewer such facilities operating now than there were 10 or 15 years
ago. The primary purpose of this paper is to survey the current status of
hypersonic wind tunnels in North America and to describe their performance
characteristics. As a part of this survey a comparison is drawn to the number
and type of hypersonic wind tunnels that were active in the 1960's and 1970's
relative to the current situation. Emphasis is placed on hypersonic aerodynamic
and aerothermal testing and related areas. In surveying the hypersonic wind
tunnels that are active in North America, all but one are located in the USA.

There is a gun tunnel in Canada that will be reactivated this year.
INTRODUCTION

The 1950's ang 1960's were a period o0 concerted effort in hypersonic
research and of explosive growth in boih the number and variety of‘hypersonic
experimental facilities. The motivation came first from the development of the
ballistic missile and then from the early manned space flight programs
culzminating in the Apollo program to land men on the Moon. During the 1970's
the Space Shuttle program and unmanned proves to oivher piauetits prcovided support
for hypersonic research. Once the design of the Space Shuttle was finalized and
the design of ballistic missile reentry vehiclies and planetary probes was well
established, interest in hypersonics was greatly diminished. Many hypersonic
experimental facilities were "mothballed", placed on indefinite standby status,
or scrapped. The number of currently operational facilities is only a fraction

of the number that were active in 1971. Now a broad spectrum of new programs
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are under development or being considered; including ground-based hypersonic
interceptors, advanced ballistic RV's, space-based aeroassisted orbital transfer
vehicles, and such advanced manned space vehicles as the National Aero-Space
Plane (NASP). Most of these new programs will involve experimental hypersonic

research and will strain the present capabilities.

The current number of hypersonic wind tunnels in North America
relative to the past is illustrated by comparing the results of surveys
published in 1963 (Ref. 1), 1971 (Ref. 2), and 1985 (Ref. 3). The latter survey
represents the recent status in as much as no new facilities have been built
since then. However, not listed in Reference 3 is a gun tunnel that has been
inactive at the National Aeronautical Establishment (NAE), Ottawa. This
facility will be moved to the University of Toronto Institute of Aerospace
Sciences (UTIAS) and reactivated this year. The following table lists the
number of tunnels in each of the categories: continuous; Interziitent
(blowdown) using air or nitrogen; intermittent helium tunnels; "hotshot" (arc
discharge); shock tunnels and other types. Only the facilities that were listed
as active in Reference 3 are listed for 1985. Several of the other facilities
have been, or are being being reactivated. Thus, the last column for 1987

represents the current status.

Table I
SUMMARY OF HYPERSONIC WIND TUNNELS

1963 1971 1985 1987
Cont inuous 14 7 3
Intermittent (Air/Nj) 31 32 10 15
Intermittent (He) 6 4 3
Hotshot 14 6 0 0
Shock Tunnel 16 14 2 2
Other 1 12 1 2
TOTAL 82 75 19 24

In 1963, B2 hypersonic facilities were listed in Reference 1 whereas
the most recent compilation (Ref. 3) lists only 29 hypersonic wind tunnels in

North America (all of them located in the USA). Furthermore, six of these 29
tunnels are described as being inactive or on a standby basis and four are

primarily used for propulsion-related research. Since Reference 3 was
published, several of the inactive tunnels have been or are in the process of

being reactivated and will be included in the present summary. Nevertheless,
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the number of wind tunnels available for hypersonic aerodynamic or aerothermal
testing is very limited compared to the period from the late 1950's through most
of the 1970's. 1In fact, only one major facility has been built since 1975 --
the Naval Surface Weapon Center (NSWC) Hypervelocity Tunnel 9 (Ref. 4).

There have been some notable changes in the type of hypersonic tunnels
in operation as well as in the number of facilities over the period shown in
Table I. First it is noted that the number of continuous wind tunnels has
decreased from 14 to 2. Although at the time that keference 3 was published
there were three continuous tunnels listed, the NASA Langley Research Center
(LaRC) Continuous Flow Hypersonic Tunnel is now operated only in an interwmittent
blowdown mode and has been renamed the 31~Inch Mach 10 Hypersonic Tunnel. The
second notable feature of Table I is the total disappearance of any Hotshot
tunnels and the current existence of only two Hypersonic Shock Tunnels.
Intermittent (or blowdown) tunnels, which have always been the most numerous

type, now dominate.

In this paper the variety and performance of the facilities reported
in 1963 and 1971 will be reviewed briefly before discussing the capabilities of
the currently active hypersoric tunnels. To meet the constraints of time and
space, the discussion will concentrate on wind tunnels for hypersonic

aerodynamic and aerothermal testing.

HISTORICAL REVIEW

The ballistic missile programs provided the motivation for significant
advances in hypersonic experimental facilities beginning in the mid-1950's. The
reentry of vehicles at near-orbital velocities brought to focus a wide range of
flow phenomena -- the most publicized being aerothermal heating. Although
aero-heating was a problem of major importance, the reentry vehicle also
experienced high-altitude low-density hypersonic flows, chemically reacting
nonequilibrium and equilibrium flows, and laminar and turbulent boundary layers
with mass addition from an ablating surface. Extensive analytical and
experimental research was undertaken to study these flow phenomena. Many new
ground test facilities were developed in government, industry and university

laboratories.

Hypersonic aerodynamic prcoblens were studied in either continuous or
intermittent (blowdown) wind tunnels that used a variety of techniques to heat
the test gas: conventional heat exchangers, pebble-bed heaters or electrical

resistance heaters. Intermittent wind tunnels using helium as the test gas were
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built also. These tunnels could produce hypersonic flows without the need to
heat the test gas to avoid condensation at the low static temperatures in the
hypersonic free-stream. Such facilities were not suited to investigating
real-gas effects or the high reentry heating rates. Those problems were best
studied in short-duration, high-enthalpy wind tunnels. Shock tubes evolved into
hypersonic shock tunnels and the arc-discharge (or "Hotshot") tunnel was
developed. Botli could provide the flow Mach numbers, total enthalpies and, in
some cases, the stagnation pressures of reentry flight. However, iheir short
flow duration precluded the study of surface material and structural response to
reentry heating. Long-duration, high enthalpy arc-heated facilities were
developed for studying materials for thermal protection systems. Later, the

electric-arc heater was applied to intermittent wind tunnels.

Aerodynamic or ballistic ranges also underwent significant
improvements in performance during this period and complemented the capabilities
of the hypersonic tunnels. At NASA Ames Research Center (ARC) several unique
counter-flow facilities were developed that combined a ballistic range with a
shock tunnel (Ref. 2). Small models were launched upstream into the flow of a

shock tunnel.

The overall performance capabilities of the various hyperscnic tunnels
in existence or under construction by 1963 are summarized in Figure 1 (taken
from Ref, 1). This figure shows Reynolds number per foot as a function of test
Mach number. Note that the the Reynolds number ranges from 10 to nearly 400
million/foot and that the Mach numbers rang:d from 5 to 35. In Reference 1, the
facilities reported stagnation temperatures as high as 80,000 degrees R and
stagnation pressures up to 100,000 psia. It will be seen in the next section

that current capabilities are far more limited.

The development of hypersonic wind tunnels up to 1963 was, of
necessity, accompanied by equally extensive instrumentation development
programs. This was particularly true of instrumentation for the shock tunnels
and hotshot tunnels with their short flow durations. During the decade
following 1955, fast-response pressure transducers, heat transfer gauges, and
force balances were developed. Yet data recording usually was on oscilloscopes
or oscillographs and data reduction was a time-consuming process for the

short-duration tunnels.

The number of hypersonic wind tunnels surveyed in 1971 (Ref. 2) is
slightly smaller than the number existing in 1963 (Ref. 1); however, in this

later survey only hypersonic tunnels having a test section greater than 1 ft. x




1 ft. were listed unless the tunnels were either of special interest or they
represented the majo, wind tunnel capabilities of the reporting organization.

By 1971 several new and unique facilities had appeared in addition to the
counter-flow ranges at NASA Ames. Notable was the expansion tube/tunnel at NASA
LaRC, described in Reference 2, in wuich an unsteady expansion wave rather than
a shock wave was used to accelerate the test gas to hypersonic speeds.
Unfortunately, this facility is no longer in operation although there has been

some discussion of reactivating it in conjunction with the NASP program.

The overall performance of the hypersonic tunnels reported in 1971 is
shown in Figure 2, again as Reynolds number per foot as a function of Mach
number. Comparing the 1971 performance with that of 1963 (Fig. 1), it is seen
that the maximum Reynolds number capability had decreased only slightly and that
the Mach numbers ranged from 5 to 40. 1In Figure 2, the low Reynolds number
scale has been truncated at 1000 because at that time only the General Electric
Co. 54" Shock Tunnel (Ref. 2) could produce lower Reynolds numbers. This
facility could cover Re/ft = 100 Mach numbers from 9 to 18 and could achieve
Re/ft = 10 at M = 117, Also the performance of the NASA ARC Hyper-Velocity
Free-Flight Facility (the counter-flow ranges) is not shown in Figure 2 because
they are essentially ballistic range facilities rather than wind tunnels. 1In
Reference 2, stagnation temperatures up to 80,000 degrees R and stagnation
pressures up to 45,000 psia were reported by facilities that are no longer in

operation.

CURRENT CAPABILITIES

In January 1985, NASA published the latest compilation of wind tunnels
(Ref. 3) based on a survey that was initiated in late 1983. As mentioned
previously (Table 1) only 29 hypersonic wind tunnels were reported in the United
States and six of them were listed as being inactive or on a standby status. Of
the remaining 23, four are devoted primarily to propulsion research. Thus, in
1985 there were only 19 active facilities in the U.S. engaged in hypersonic
aerodynamic or aerothermal investigations. Since then several of the six
inactive wind tunnels have returned to operational status and there are plans to
reactivate the others. However, there is a permanent deletion to the list of
hypersonic tunnels contained in Reference 3, the 2-Ft Hypersonic Wind Tunnel of
the McDonnell Aircraft Co. has been scrapped. Therefore, Reference 3 reasonably
represents the current capability in the USA which amounts to the 23 aerodynamic
and aerothermal hypersonic tunnels listed in Table II according to the various
categories shown in Table 1. The gun tunnel at the NAE, which has been inactive
for many years, will be reactivated at the UTIAS this year and is included in
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Table II. After some general comments about the current status, thece

categories will be discussed in greater detail.

Table II

SUMMARY OF CURRENT HYPERSONIC TUNNELS

Designation Test Section Mach Reynolds No./ft  Stagnation®
Size Number (Millions) Press Temp.

(Psia) (Deg. R)
CONTINUOQUS FLOW

AEDC Tunnel B 50" Dia. 6,8 0.3-4.7 850 1350
AEDC Tunnel C 50" Dia. 10 0.3-4.7 2000 2250
INTERMITTENT (Air OR Np)

NASA LaRC 8' High Temp, # 96" Dia. 5.8-7.2 9.3-2.2 2400 3600
NSWC Tunnel No. 9 (Np) 60" Dia. 10,14 0.06-20 20000 3660
NASA ARC 3.5' Hyper. W.T. 42" Dia. 5,7,10 0.3-7.4 1955 3460
Grumman 36" Hyper. W.T. 36" Dia. 8,10,14 0.2-4.5 2000 3000
NASA 31" Mach 10 W.T. 31" Square 10 0.4-2.4 1800 1810
Lockheed CA., 30" Hyp. W.T. 30" Dia. 8 0.42.1 550 1400
NSWC Tunnel No. 8a (N3) 24" Dia. 18 0.2-0.6 8800 3700
NSWC Tunnel No. 8 17%-11" Dia. 5,6,7,8 0.7-60 2205 1460
NASA LaRC 20" Mach 6 W.T. 20"x20,5" 6 0.5-10.5 550 1018
AFWAL 20" Hyper. W.T. 20" Dia. 12,14 0.4-1.0 1600 2000
NASA LaRC M=8 Var. Density 18" Dia. 8 0.1-12 3000 1510
Sandia Labs. 18" Hyp. W.T. 18" Dia. 5,8,14 0.2-9.7 3000 2500
NASA LaRC Hyper. Np W.T. 16" Dia. 18 0.17-0.40 6000 3500
NASA LaRC Mach 6 High Re. 12" Dia. 6 1.8-50 3200 1060
AFWAL Mach 6 High Re. No. 12" Dia. 6 10-30 2100 1100
INTERMITTENT (Helium)

NASA LaRC M=20 High Re. 60" Dia. 16.5-18 1.9-15 2000 540
NASA LaRC Aerodyn. Leg 22.5" Dia. 17.6-22.2 1.1-11.3 3000 860
NASA LaRC Fl. Mech. Leg 22"/36" Dia. 20/40 1.3-6 2000 860
INTERMITTENT (CFy)

NASA LaRC ryper. CFy W.T. 20" Dia. 6 0.3-0.5 2500 1260
SHOCK TUNNELS

Calspan 96" Hyper. S.T. 2un/48n 6.5-24 0.001-75 20000 11500
Calspan 48" Hyper. S.T. 24n /48 6.5-20 0.006-40 5400 5800
GUN TUNNELS

UTIAS 12" Dia. 8.3-12.% 12 max. 5200 3800

* Maximum stagnation pressure and temperature
# Test gas is combustion product of methane and air
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The status of the Northrup Corp. 30-inch and the FluiDyne 20-inch
hypersonic tunnels, listed as inactive in Referenze 3, is unchanged and they are
not included in Table II, The FluiDyne pebble-bed heater 1s used now as a
static test facility.

There are no hotshot tunnels listed in the latest survey and the only
shock tunnels listed are those at Calspan Corp. However, the Lockheed
California Co., which once had a shock tunnel with a 100" diameter test section
(Ref. 2) that was scrapped, is currently working on plans for a new smaller
shock tunnel. The NASA Langley expansion tube/tunnel is no longer in operation

although there have been proposals recently to reactivate it.

The Reynolds number-Mach number performance map for current
facilities, shown in Figure 3, covers a noticeably more restricted range than
the performance capabilities that existed in 1963 (Fig. 1) and 1971 (Fig. 2).
Because there are far fewer facilities than there were in the earlier surveys,
the performance of the individual tunnels are shown rather than an overall
envelope. There are such a large number of tunnels in the M = 6 to 8 range that
no attempt has been made to identify them individually in Figure 3. An
exception 1s the NASA LaRC 8' High Temperature Tunnel because of its large
8-foot exit diameter nozzle. Althcugh the test gas in this facility is the
combustion products of methane and air, the tunnel has been used to study
detailed flow and heating phenomena on large structures. Several other tunnels
are noted in Figure 3 because of their significance. They are the N3WC Tunnels
No. 8a and 9, the NASA LaRC Hypersonic Nitrogen Tunnel, the three NASA LaRC
Helium Tunnels and the two Calspan Hypersonic Shock Tunnels. The performance of
these shock tunnels is represented by an overall envelope because they use three
different nozzles each with a number of nozzle throats of varying diameter to

obtain the range of Mach number depicted.

In comparing Figure 3 with the previous Figures 1 and 2, two areas of
restricted performance are most striking. First, is that fact that the M = 40
nozzle of the Fluid Mechanics Leg of the NASA LaRC Hypersonic Helium Tunnel
represents the only capability for operating at above M = 24, and that facility
does not utilize that nozzle on a routine basis. Second, low Reynolds number
operation is available only in the two Calspan shock tunnels (Ref. 5). This is
primarily a result of the emphasis in recent years on high Reynolds number,
turbulent boundary layer research. The NSWC Hypervelocity Tunnel 9 was designed
specifically as a high Reynolds number facility (Ref. 4). Recent improvements
in that facility were directed at extending the M = 10 performance to higher
Reynolds numbers (Ref. 6) and the M = 14 performance to lower Reynolds numbers
(Ref. 7).




The investigation of real-gas effects in air requires high stagnation
enthalpies (or stagnation temperatures). The Calspan shock tunnels are the only
wind tunnel facilities currently capable of stagnation temperatures of 3800
degrees R and above and flow velocities greater than 7000 ft/sec. An
alternative approach to studying real-gas effects is embodied in the NASA LaRC
Hypersonic CFy Tunnel (Ref. 8), CFy or Tetrafluoromethane (Dupont Freon 14) has
an effective specific heat ratio of 1.12, and hence the flow fields over models
experience large density changes across shock waves typical of high temperature,
chemically reacting air flows. Thus, the CF, Hypersonic Tunnel (M = 6) can be
used to simulate high temperature airflows (Ref. 9).

In general all of the current facilities listed in Table II have the
capabilitity of measuring aerodynamic forces, pressure distributions, and heat
transfer and have some type of flow visualization system. Dynamic stability
measurement capability is reported for the AEDC Tunnels B and C and the Sandia

Labs. 18" Hypersonic Tunnel.

CONTINUOUS HYPERSONIC TUNNELS

It can be noted in Table II that the Tunnels B and C at AEDC are the
only current continuous tunnels. Both have 50-inch diameter test sections,
interchangeable contoured axisymmetric nozzles, model injection systems and are
variable density tunnels. Although it is not listed in Table II, Tunnel C also
has a 2l4-inch diameter Mach 4 nozzle which provides true temperature
capabilitity at that Mach number. Current improvements include adding a 24-inch
diameter Mach 8 nozzle for Tunnel C which will give it Mach 8 capability at a
higher total temperature than Tunnel B.

INTERMITTENT TUNNELS

The intermittent tunnels listed in Table II have test times ranging
from about 1 sec. (NSWC Tunnel 9) to many minutes (NSWC Tunnel 8 and NASA LaRC
Hypersonic Nitrogen Tunnel). It has been noted that, although the NASA LaRC
8-foot High Temperature Tunnel has been listed in Table II among the air and
nitrogen tunnels, in fact the test medium is the combustion products of burning
methane in air. There are plans to add oxygen enrichment so that the tunnel can
be used for combustion testing. The addition of Mach 4 and 5 nozzles to this
facility is planned also. The NSWC Tunnel 9 is the newest of all hypersonic
tunnels and is in wide demand because of its large 60-inch diameter test
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section, its Mach 10 and 14 capabilitity, and its high Reynolds numbers. At the
time Reference 3 was published, the NASA ARC 3.5-foot Hypersonic Tunnel was on
a standby basis, it has since been reactivated and has a heavy test schedule.

The largest number of hypersonic tunnels at any single location is at
the NASA Langley Research Center. In addion to the 8-ft High Temperature
Tunnel, there are nine other intermittent tunnels listed in Table II. These

include four air tunnels, three helium tunnels, one nitrogen tunnel, and the CF,
(Freon) tunnel. This complex of tunnels is very active and there are plans for

upgrading their performance, flow quality, and measurement capability. It is
noted in Figure 3 that the NASA LaRC Helium Tunnels provide higher Reynolds

numbers than any of the air or nitrogen tunnels at Mach numbers above 15.

SHOCK TUNNELS

The two Calspan Hypersonic Shock Tunnels differ primarily in the size
of their test chambers (48" and 96") and their maximum stagnation pressure
capability as noted in Table II. Both use the same set of nozzles; 24-inch Mach
8 contoured, 48-inch Mach 16 contoured, and 4B-inch conical. Nozzle throats of
various diameters are used to cover the Mach number range indicated (Table II
and Figure 3). As mentioned previously these are the only current facilities
having stagnation temperatures greater than 3800 deg. R. In a shock tunnel the
test time is measured in milliseconds rather seconds; however a steady flow of 1
msec can correspond to several body lengths of flow. Thus, only fast response
transducers are necessary to obtain valid data. Such instrumentation was

developed in the period from 1955 to 1965.

Like many of the other currently active hypersonic wind tunnels, the
Calspan facilties are being heavily used and have a backlog of programs
extending into 1988.

CURRENT CHALLENGES

In the Introduction it was mentioned that there are a number of new
programs involving hypersonic vehicles: ground-based interceptors, advanced
ballistic RV's, space-based aeroassisted orbital vehicles (AOTV), and advanced
manner space vehicles such as the Aero-Space Plan~ to mention only a few. An
important question is: How adequate are the present hypersonic wind tunnels in
relation to the testing needs of these programs? The flight regimes of these
vehicles are shown in the Altitude-Velocity map of Figure 4, Also shown for
reference is the altitude-velocity duplication capability of the Calspan 96"
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Shock Tunnel which is the only currently active tunael in which flow velocities
of 10000 ft/sec or greater can be obtained. This tunnel can fully duplicate
velocity and altitude in the region indicated in Figure 4. At velocities above
7000 ft/sec it can duplicate the ambient density to even lower altitudes than it
can provide full duplication. This latter capability is significant for flow
phenomena governed by the Mach number independence principle. On this basis
such a tunnel can cover most of the flight regime of the interceptor vehicle and
the lower altitude region of Shuttle-like vehicle. Velocities appropriate to a
long-range ballistic RV or an AOTV cannot be achieved in any of the facilities
described in this paper. Although they are not treated in this review,
ballistic ranges and arc-heater facilties can provide the velocity or the
corresponding total enthalpy for 20000 ft/sec. However, such facjlities have
other shortcomings with regard to aerodynamic testing. Thus, we are faced with
the question of what really must be duplicated. What is an acceptable
simulation? Rather thorough discussions of similitudes are given in References
10 and 11,

Simulation of inviscid flow phenomena requires duplication of the Mach
number, the vehicle geometry, and (strictly speaking) the specific heat ratio
(Ref. 10), while Reynolds number duplication is required for boundary layer
effects. The Reynolds number/ft. and Mach number for the vehicles shown in
Figure 4 are compared with the existing hypersonic tunnels in Figure 5. For the
interceptor vehicle and the Ballistic RV, full or nearly full-scale models can
be tested in the larger facilities, while models of a Shuttle or an AQTV are
more likely to be 1% or 2% scale. In Figure 5, the current wind tunnels can
match the Mach and Reynolds numbers for almost all of the interceptor flight
regime and for portions of the Ballistic RV and Shuttle trajectories. The Mach
number requirements for the AOTV really exceed current capabilities except for
the seldom used Mach 40 nozzle of the one NASA LaRC helium tunnel.

In Figure 5 it would appear that simulation for AOTV vehicles is
beyond the scope of the hypersonic tunnels described herein. However, the AQTV
flight regime is in reality beyond the region of thin boundary layers where only
Reynolds number matching is important. The flow fields over such vehicles will
be dominated by low density phenomena and viscous interactions. In this region,
the viscous interaction parameter V (proportional to HA/EET may provide the
necessary simulation for other than real-gas phenomena. It has been found that
this parameter, when modified to include the Chapman-Rubesin viscosity factor C,
(i.e. V'; MVE7§:3_}rov1des the best correlation of the aerodynamic coefficients
for the Shuttle during hypersonic high altitude flight (Ref. 12). 1In fact the
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high altitude performance aerodynamics of several classes of AOTV's have been

predicted in terms of this interaction parameter (Ref. 13).

Assuming a characteristic dimension for an AOTV of 40 feet, the
corresponding Reynolds number would range from approximately 20000 to 450000 for
the perigee altitudes between 300 Kft and 240 Kft shown in Figure 4 and the
viscous interaction parameter would vary from about 0.22 to 0.05._ For a
2.5%-scale model (1-foot), this range of values for V could be matched at Mach
numbers between 10 and 20 with Reynolds numbers/foot ranging from 2000 to about
20,0000 as shown in Figure 5. All of these values are within the range of the
shock tunnels and partially overlap the capabilities of three cther hypersonic

tunnels. These simulations would not address the real-gas phenomena however.

Although these new vehicles will undoubtedly make use of the existing
hypersonic wind tunnels, there is certainly need for more advanced facilities.
A recent review of the requirements of wind tunnels for future aeronautical
systems (Ref, 14) defined the need for a large hign performance shock tunnel and
a shock tube/expansion tube as well as for a facility that could provide the

data needed for airframe propulsion integration.
HYPERSONIC TESTING AND COMPUTATIONAL FLUID DYNAMICS

The role of experiment in the development of Computational Fluid
Dynamics (CFD) has been receiving considerable attention in recent years (e.g.
Ref. 15). There is no doubt that now and in the future most of the testing in
hypersonic facilities will be for the purpose of verifying CFD codes. This type
of testing will require facility improvements in the areas of flow quality and
instrumentation, particularly important is the development of nonintrusive
measurement techniques to obtain flow field data such as density, temperature or

species distributions,
SUMMARY

It has been the objective of this paper to provide a survey of
existing hypersonic wind tunnels in North America. By comparing the currently
active hypersonic tunnels with those reported in 1963 and 1971, the decline in
number has been vividly illustrated. While there is a significant capability
still in existence and these tunnels are very active in testing some of the new
vehicles, there is a definite need for improved capability in two specific
areas: high enthalpy facilities to study real-gas effects and high Mach number
low~density facilities to better address the flow fields over AOTV-type

vehicles.
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EUROPEAN HYPERSONIC WIND TUNNELS

J.F. WenpT
vON KARMAN INSTITUTE ForR FLUID Dynamics
B - 1640 RHoDE SAINT GeENESE - BELcium

1. INTRODUCTION

Although the hypersonic flow regime will probably be the first to be dominated by computational tech-
niques [1] due to serious experimental simulation problems, the next generation of 1ifting reentry vehicles
will still rely on wind tunnels not only for design validation but also to verify computer codes through
benchmark test cases. Eviderce for this statement is the proposal to utilize European hypersonic tunnels for
upwards of 2000 occupancy days from 1986 t> 1993 on the HERMES project. Basic research in hypersonics re-
quired for the post-HERMES era (e.g. HOTOL, NASP, Singer, ctc.) will also rely heavily on wind tunnels and
their associated instrumentation [2]. Thus, it is appropriate tn review the present status or hypersonic
tunnels. Since a companion paper will deal with the status of facilities in the U.S. [3], this contribution
will be restricted to the European scene.

The text briefly discusses the requirements for flow simulation in the hypersonic regime and then sum-
marizes the present situation. Gaps are identified and suggestions for improvements are put forward.

2. FLOW REGIMES IN HYPERSONIC REENTRY

The flow regimes for various hypersonic vehicles are wmost conveniently illustrated by means of trajec-
tories on the altitude-velocity plot shown in Fig. 1., NASA's STS, £SA's HERMES and Britain's HOTOL provide
three examples of reentry from earth orbit. Aero-assisted orbital transfer vehicles would appear in the up-
per right hand corner of this figure.

Since quantitites such as stagnation temperature, unit Reynolds number, stagnation point heat transfer
and air dissociation can be expressed as functions of density (and therefore of altitude) and velocity, lines
of constant values of these parameters may be superimposed on such & plot. (Lines of constant Mach number
could also have been plotted; to a first approximation they would be vertical at Ve=M.(0.3) km/s.) The wide
range of flow conditions through which a given orbital reentry vehicle must pass is obvious : from the rare-
fied regimes characterized by M./Re., ;>1 to the hypersonic turbulent boundary layer regimes for which Re/m=
0(10°). Stagnation temperatures may exceed 5000-6000 X and the air in stagnation regions will be largely
dissociated.

3. REQUIREMENTS FOR HYPERSONIC FLOW SIMULATION AND RESEARCH

while the gas dynamic/chemical kinetic equations describing reentry flows can be made non-dimensional
to form similarity parameters which can be used in turn to relate the results of tunnel tests to flight pre-
dictions, it is well known that not al) of the resulting non-dimensional qgroups can be respected simulta-
neously. J.teith Potter, a noted reentry aerodynamicist formerly with AEDC, is quoted as saying "aerodynamic
modeling is the art of partial simulation". In other words, the vehicle designer must use engineering judge-~
ment to determine which parameters will dominate each part of the hypersonic regime.

A study of the equations of fluid dynamics, combined with considerable fundamental research, has demon-
strated that hypersonic aerodynamics can be subdivided into the following regimes :
- the Mach number regime from Mach 6 to Mach 12 or 15 wherein the most important similarity parameters are
the Mach number and the Reynolds number;
- the hypervelocity regime wherein real gas effects including chemical reactions such as dissociation are
importan% and for which only dupltication of the dimensional variables density times length and velocity is
acceptable;
- the rarefied regime, characterized by values of M//Re>0.01.

The ratio of wal) temperature Ty to freestream temperature T, must also be duplicated in wind tunnels
to properly simulate both the boundary layer thickness and the state of the boundary layer; i.e., laminar,
transitional or turbulent. Here we are somewhat fortunate; T,/T. in hypersonic flight may vary from 3 to 10.
Since most hypersonic wind tunnels expand the working gas to very low values of T_ and the model temperature
Ty remains of the order of room temperature during the test, the requirement on Ty/T. duplication can be met
to first order in many short duration facilities.

The heat loads on structures must also be duplicated in ground test facilities. Because of the diffi-
culty of achieving Mach, Reynolds and heat load (or true total temperature) simulation simultaneously, it is
generally accepted that temperature (enthalpy) and pitot pressure are the essential parameters and thus heat
loads are studied in high pressure, low Mach number arc or plasma jet facilities.

The requirements on hypersonic test facilities were summarized by Jaarsma and de Wolf [4] more than a
decade ago. Their principal conclusions concerning reentry vehicles are just as valid today as they were then:
- for development testing, model lengths should be at least 30 c¢m to provide ample instrumentation. Final
configuration studies may require at least some tests with models (or partial models) of 50 cm in length
or more. If high incidence is necessa=v. and this is )ikely for M>b, the nozzle diameter may need to be as
much as twice the model length to avoid wall or free shear layer Tnterference. Thus, facilities with nozzle
diameters of order 0.5 to 1 meter will be essential and of course must operate at the correct Mach and
Reynolds numbers. Smaller facilities will still play a vital role in providing, at modest cost, basic research
results, "fifst looks" at new designs, and test conditions for instrumentation developments;

- due to finite flow establishment times, the running time of any facility should be such that its product
with model length is of order of 5 milliseconds-meter; thus, using the above factor of two for the ratio of
nozzle diameter to model length, it follows that 1 meter facilities should have a running time of at least
10 milliseconds;

- 2s force measurements will constitute an important aspect of design work, the limitations on internal bal-
ances in terms of response times should be considered. While Jaarsma and de Wolf state that test times of
order 50 milliseconds or more will be necessary to accurately measure forces on models of lengths in excess
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of 50 cm, it is felt by many investigators today that improvements in balance design and compensation tech-
nioues may allow this limitation to be reduced to a few milliseconds.

- accurate and detailed dynamic stability measurements with large, complex (moveable flaps, etc:)'mnaels
will require even longer testing times than those mentioned above, probably some seconds at a mi:imum;

- the accurate determination of transition location will require "quiet" tunnels.

The above disc. ion has concentrated on wind tunnel requirements; however, it is obvinus that the best
wind tunnel will be useless if proper instrumentation is not available. A1l the classical techniques utilized
in commercial transport and combat aircraft design will be required for the hypersonic vehicles : internal
strain gauge balances for forces and moments, dynamic stability rigs, multi-port pressure techniques wwt@
rapid scan capabilities, surface and flow visualization techniques, etc. The hot flows and/or shqrt running
times which characterize most hypersonic facilities pose problems in some of these areas as mentioned above.
Heat transfer distributions will be determined with thin film or thin-skin techniques which are now well
known. The ability to identify regions on complex shapes which might be susceptible to high local heat trans-
fer (embedded vortices, shock-shock or shock-boundary layer interaction, etc.) will be very important; ther-
mal sensitive paints, liquid crystals, and so forth are proving to be very usefuyl in this regard. Non-intru-
sive techniques to measure flow temperatures and species concentrations will be essential as a means to va-
lidate or correct codes incorporating dissociation/recombination reactions.

A firal requirement, which is often overlooked, is the availability of trained perscrnel - both engi-
neers and technicians. Productive wind tunnels are those in which a team of people have been working together
for at least a few years and which is supported by an instrumentation branch. Experience in running facilities;
in selecting appropriate measurement techniques compatible with data needs, tunnel characteristics and data
handling systems3 and in the development of new measurement technigues cannot be purchased: it must be de-
veloped in-house and systematically utilized.

4. CHARACTERISTICS OF EUROPEAN HYPERSONIC WIND TUNNELS

The essential characteristics of European hypersonic wind tunnels are noted in the appendix; arbitrarily,
only facilities with a nozzle exit diameter greater than 20 cm and a Mach number of five or more have been
included. Of course, smaller facilities will continue to play an important role in fundamental research and
training.

As Mach and Reynolds number are acknowledged to be important simulation parameters, a selection of the
facilities from the appendix has been transposed to Fig. 2 on which are shown the flight regimes of the NASA-
STS, HERMES, HOTOL and MAIA. The characteristic length scale in the Reynolds number for the facilities has
been taken as one-half the nozzle exit diameter for *he reasons described above. Note that the S4AMA M=12
nozzle will only be available in 1988, that some portions of the area identified as "“Aachen" for the T.H.
Aachen shock tunnel represent predictions, that the RAE shock tunnel and the DFVLR-G Ludwieg tube C are
currently not in use; etc.

Furthermore, with the renewed interest in hypersonics, some of the facilities are undergoing major reno-
vations and up-dating so that their characteristics are in a state of flux; an example is the VKI Longshot
which is being fitted with a contoured Mach 15 nozzle. Finally, a major new facility, the R6 of ONERA is in
the detailed planning stage; its predicted performance in the Mach 12-20 range will allow tests at Reynolds
numbers which are within a factor of two from the HERMES flight case.

A plot of o,L versus velucity in Fig. 3 shows that only two facilities even come close to simulating the
expected reacting flows and one of them, R6, as mentioned above, is only in the planning stage. As can easily
be deduced as well from Fig. 3, a o, versus V. plot will show that at best the T.M. Aachen and R6 facilities
will provide adequate coverage to about 5 km/s.

5. COMMENTARY ON PRESENT STATUS

While the capabilities of Europe's hypersonic wind tunnels appear adequate on a Mach-Reynolds clot
(Fig. 2), many important tunnel characteristics are not made apparent in such a presentation. For example,
all the facilities operating at M>12 are characterized by running times measured in milliseconds which
results in much poorer measurement accuracies than in low Mach tunnels. Correspondingly, productivity is low
and cost per data point is hich. Many of these tunnels have ronical nozzles and thus strong axial gradients.
All intermittent tunnels are, to some degree, “dirty” and the erosive effects on instrumentation may be sevc e
Finally, flow expansions to high Mach number generally lead to “freezing" of vibration and dissociation,
except for the facilities with very high reservoir pressures, and the result is a non-equilibrium freestream
whose detailed characteristics often are not well known.

A major deficiency is apparent in velccity duplication, essential for an accurate simulation of chemical
effects. T.H. Aachen's shock tunnel seems to come closest to weeting present needs and the predicted perform-
ance o R6 Chalais makes it look particularly interesting because of its much longer running time, measured
in seconds.

While it is clear that existing (renovated) facilities wil) play the major role in the HERMES program,
it is also clear that time is available to design and construct new facilities for programs with a longer
time-scale. It is the author's opinion that emphasis should be placed on :

- a large (9>2 m) blowdown facility with Mach numbers to 8-10, reservoir pressures to 200 bar and running
times of the order of 10 seconds for detailed configuration testing;

- a high velocity facility, perhaps based on the “Stalker tube" concept as proposed recently by Hornung of
the DFVLR-Gottingen;

- a "real gas" farility similar to the CF4 tunnel at NASA Langley to simulate certain blunt body and high
incidence effects.

Because of the important need to validate CFD codes for future hypersonic designs, high quality tunnel
flows and accurate, non-intrusive instrumentation capabilities will become increasingly important clements
in a sound overall program for hypersonic research and development.

Therefore, efforts should continue in the search for "quieter" hypersonic tunnels so as to better dupli-
cate boundary layer transition. The ability to measure local species concentrations and temperatures at high
flow speed in short duration facilities is a goal worthy of efforts at a much higher level than currently
pursued. Finally, trained personnel - researchers and tunnel engineers - may very well be the most important
problem in the whole present-day picture and, if so, its resolution deserves immediate attention.




6. CONCLUSIONS

Europe possesses a large range of hypersonic facilities which, when renovation and modifications currently
underway are completed, will constitute a sound basis for Mach-Reynolds simulation. New facilities are needed
over the long term to allow refined design studies and tu simulate at least some aspects of real gas effects.
Non-intrusive instrumentation to aid in code validation and the enhancement of training programs are equally
essential elements in a balanced program of hypersonic research and development.
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ARA M4 & M7 BLOWDOWN .TUNNEL

Organization : Aircraft Research

Location :

MACH NUMBER

NOZZLE EXIT DIAMETER,
RUNNING TIME

SUPPLY PRESSURE, bars
SUPPLY TEMPERATURE, K
No TESTS/DAY

PRESENT STATUS
PERSONNEL REQUIRED
MEASUREMENT TECHNIQUES

CHANNELS OF DATA

COMMENTS

Association (ARA)
Manton Lane
Bedford MK41l 7PF; U.K.

CHARACTERISTICS

Blowdown Tunnel M4

4 to 5 (2D)

cm 30x40

30 s (max)

10 to 20

380

6 (max)

low level

2

force balances, pressures,

dynamic measurements (pitch)

schlieren

10 (currently)
16 (near future)

Contact : Mr A.B. Haines
Tel. : (0234) 50681

Telex: 825056

FAX Groups 2 & 3 0234 328584

Blowdown Tunnel M7

7 {contoured)

31

48 s (max)

100 to 150

700

6 (max), typically 3
low level

2

force balances, pressures,
dynamic measurements (pitch}
schlieren

10 (currently)

16 (near future)

can be adapted with new nozzle pieces
to function at M=6 or M=8

CURRENT ACTIVITIES : jet slot blowing ahead of and normal to a surface to develop stand-off

shocks ahead of sensitive surfaces:

distributions on project shapes

"

10

Re/m

T YT

T

aerodynamic coefficients and in some instances pressure

101
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BAE G.W. TUNNEL

Organization : British Aerospace Contact : J.A. Smith
Location : British Aerospace Tel. : (0772) 63 33 33, Ext. 2821
The GW Wind Tunnel, W258 Telex: 67627

Preston, Lancs PR4 1AX; U.K.

CHARACTERISTICS
MACH NUMBER 1.7-6.0 (contoured)
NOZZLE EXIT DIAMETER, cm 46x46
RUNNING TIME 10 to 200 s
SUPPLY PRESSURE, bars 35 (max, at M=6)
SUPPLY TEMPERATURE, K 475 (max)
No TESTS/DAY 4-5
PRESENT STATUS in regular use
PERSONNEL REQUIRED &
MEASUREMENT TECHNIQUES force balances, pressures, heat transfer.
Continuous pitch and roll traverses during data acquisition
CHANNELS OF DATA 60 off-line, linked to VAX 11/780

CURRENT ACTIVITIES : aerodynamics of fin-stabilized shells and slender delta planforms;
behaviour of lateral thrusters; lifting reentry shapes

1N

Re/m
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et Thermiques

Location : CEAT

CEAT H 210 BLOWDOWN TUNNEL

route de l'Aérodrome, 43

F-86000 Poitiers,

Organization : Centre d’Etudes A&rodynamiques Contact : Prof. T. Alziary gde
Roquefort
Tel. : (49) 58 37 50
France
7 and 8

MACH NUMBER

REYNOLDS NUMBER
BASED ON EXIT D

NOZZLE EXIT DIAMETER, cm
RUNNING TIME

SUPPLY PRESSURE, bars
SUPPLY TEMPERATURE, K

No TESTS/DAY

PRESENT STATUS

PERSONNEL REQUIRED
MEASUREMENT TECHNIQUES

CHANNELS OF DATA

1.3-9.2x108  (M=7)
1.5-4.2x106  (M=8)

21

2~ 2-3 min
22-100
600-800

6

in use

2

force balances, heat transfer
pressure, schlieren

20 on-line
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DFVLR-AVA TUBE TUNNELS A, B, C
Organization : Deutsche Forschungs- und Contact : Dr G. Koppenwallner
Versuchsanstalt fiir Luft- Tel. : (0551) 709 - 2123
und Raumfahrt, Géttingen
Location : DFVLR~AVA
Bunsenstrasse, 10
D-~3400 G&ttingen, FR Germany
CHARACTERISTICS

Ludwieg Tube A Ludwieg Tube B Ludwieg Tube C
MACH NUMBER 2.8, 4.5 (contoure.; 5, 6, 7 (contoured) 9,10,11 (contoured)
NOZZLE EXIT DIAMETER, cm S0x50 (rect) 50 50
RUNNING TIME 350 ms 300 ms 300 ms
SUPPLY PRESSURE, bars 10  (max) 36 (max) 120 (max)
SUPPLY TEMPE,ATURE, K 400 (max) 65C (max} 1100 (max)
No TESTS/DAY 20 20 20
PRESENT STATUS regular use regular usc inactive
PERSONNEL REQUIRED 2 2 2
MEASUREMENT TECHNIQUES force balances, heat transfer using thin skin and liquid crystals

schlieren, oil flow
CH7“'WNELS OF DATA 10 off-line 10 off-1line 10 off-line
COMMENTS design principle means that tunnel noise

level is low. Flow establishment times
from 10-30 ms
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DFVLR-AVA VACUUM TUNNELS I. II, III

Organization : Deutsche Forschungs- und

Contact : Dr

G. Koppenwallner

: Versuchsanstalt flir Luft- Tel. : (D551) 709 - 2123

Raumfahrt, Gittingen

Location : DFVLR-AVA
Bunsenstrasse, 10

D-3400 GSttingen, FR Germany

Vacuum Tunnel I

CHARACTERISTICS

Vacuum Tunnel II

Vacuum Tunnel III

MACH NUMBER 7-25 (conical)
NOZZLE EXIT DIAMETER, cm 25 (useful core:

10-20)
RUNNING TIME one hour
SUPPLY PRESSURE, bars 0.1-500
SUPPLY TEMPERATURE, K 300-2500
No TESTS/DAY N.A.
PRESENT STATUS not used as wind t.

PERSONNEL REQUIRED 2

MEASUREMENT TECHNIQUES force balarces, heat
transfer, pressure
measurements

CHANNELS OF DATA
COMMENTS

16 on-line

Re/m

=)
@
T T T

N

T T T

N

104

0 5 0 15 20 25 4 3

10-25 (conical)

40 (useful core:
20-30)

one hour

0.2-50

300-1800

N.A.

not used as wind t.
2

6-25 (free jet)
free jet of ¢ < 25

coitinuous
0.005-15
300-850

N.A.

in regular use
2

Rep<1000, mean free

heat transfer force balances, heat
transfer
16 on-line 16 on-line
paths to 20 mm
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Organization : Deutsche Forschungs- und

Location :

MACH NUMBER

DFVLR HA-KW ARC HEATED TUNNELS PK2 & PK3

versuchsanstalt fiir Luft- Tel.
und Raumfahrt, KSln-Porz
D.F.V.L.R.
Hauptabteilung Windkdnale
Abteilung K8ln-Porz
Postfach 90 60 58
D-5000 K81ln 90, FR Germany

CHARACTERISTICS

PK2
3 - 16 (conical)

NOZZLE EXIT DIAMETER, cm 60 (useful core : ~42)
RUNNING TIME continuous

SUPPLY PRESSURE, bars 10 (max)

SUPPLY TEMPERATURE, 6000

GAS
PRESENT

STATUS

PERSONNEL REQUIRED

MEASUREMENT TECHNIQUES

COMMENTS open jet test section of
2.6m

7 w03

W' F C
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105 F— 10 £ [
i L

air, N_, A, He

used regularly but for
different applications

5

force balances, pressures,
flow visualization with r.f.
and electron beam, heat trans-
fer, electron beam

Contact : Mr H. Esch

: (02203) 60 11

PK3

3 -14 (conical)

60 (useful core : ~42)
continuous

30 (max}

7000

air

operational, but not used

)

pressures, heat transfer,
flow field probes

open jet test section of 4 m}
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DFVLR HA-KW HYPERSONIC TUNNEL H2K
Organization : Deutsche Forschungs- und Contact : Mr H. Esch
Versuchsanstalt fdr Luft- Tel. : (02203) 60 11
und Raumfahrt,
Location : D.F.V.L.R.
Hauptabteilung Windk#nale
Abteilung Kdln-Porz
Postfach 90 60 S8
D-5000 K&ln 90, FR Germany
CHARACTERISTICS
MACH NUMBER 4.8, 6, 8.7, 11.2 (contoured)
NOZZLE EXIT DIAMETER, cm 60 (< 40 useful)
RUNNING TIME 20 s
SUPPLY PRESSURE, bars 3 - 45
SUPPLY TEMPERATURE, K 1400 (max’
GAS air
PRESENT STATUS in use
PERSONNEL REQUIRED 4
MEASUREMENT TECHNIQUES force balances, pressures, schlieren, infrared camera,
thermal paints
COMMENTS open jet test section of 2 m diameter
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FFA HYP 500 BLOWDOWN TUNNEL

Organization : The Aeronautical Research Contact : Mr S. Lundgren
Institute of Sweden (FFA)
Location : FFA Tel. : +46 8 759 10 00
Box 11021 Telex: $-10725

S-16111 Bromma, Sweden

CHARACTERISTICS

MACH NUMBER 4 and 7 (contoured)

NOZZLE EXIT DIAMETER, cm S0

RUNNING TIME at Re max : 80 s (M=4); 200 s (M=7)

SUPPLY PRESSURE, bars 10-22 (M=4); 110 (M=7)

SUPPLY TEMPERATURE, K 800 design, 600 norm

No TESTS/DAY 8

PRESENT STATUS operational

PERSONNEL REQUIRED 4-5

MEASUREMENT TECHNIQUES force balances (a to 35°), 4°/s sweep rate, pressure
distribution, heat transfer, schlieren, model injection
system

CHANNELS OF DATA 64 on~line (48 low-level; 16 high level)

COMMENT open jet

CURRENT ACTIVITIES : the tunnel has been restarted and reentry studies are planned.

1010

Re/m

107

~oncurrent numerical analysis is also intended.

T T TTTTT

Ty

Qm@mz

10!

T

T TTT7T

T YTT

TTTTIT
<
"
rs

BRI ERA]

10-1 {_ I

T TV TTIT
T TTT7TT

T

107
30 0 U, Km/s S




2-12

[.C. GUN TUNNEL AND Np TUNNEL

vrganization : Imperial College Contact : Dr J.K. Harvey
Location : Dept. Aeron.-Imperial College Tel. : (01) 5895111, Ext. 4011
Prince Consort Road Telex: 261503
London, SW7 2BY; U.K.
CHARACTERISTICS

No 2 Gun Tunnel Heated N, Tunnel
MACH NUMBER 9 (contoured) 20 - 25 (conical)
NOZZLE EXIT DIAMETER, cm 45 (useful core : 25} 20 (usetul core : 7.5)
RUNNING TIME S ms continucus
SUPPLY PRESSURE, bars 550 (max) 25 - 500
SUPPLY TEMPERATURE, K 1070 2000 (max)
No TESTS/DAY 4
PRESENT STATUS in use in regular use
PERSONNEL REQUIRED 2 2
MEASUREMENT TECHNIQUES pressures, heat transfer, pressures, electron beam (owsTpot)

schlieren, electron beam heat transfer
CHANNELS OF DATA 24 on-line 16 on-line
COMMENTS 1 open jet test section. a model injection system is available.

Incidence to 25° Model inciderce to 45°

CURRENT ACTIVITIES: Research into rarefied flow centres around the Monte-Carlo simulation
method. A 3D code has been developed and used to calculate the flow around a blunt-ended
cylinder and a spherically blunted cone both at angle of attack at a Knudsen number *> 0.06,
Experimental verification has shown that the predictions for the former shape at_zeto in-
cidence are precise. Experiments are in progress to measure the lift and drag acting on,
and the density distribution about, a cone at incidence at M=25.

Hypersonic aerodynamics conducted at M=9 in the Sun Tunnel is concentrated on a study
of the flow in an annular rectangular cavity on a conical body.

Euler codes are being developed with improved shock capturing routines and these are
being used to calculate unsteady blast problems and conical hypersonic flows.
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ISL - HYPERSONIC SHOCK TUNNEL

Organization : Institut de Saint-Louls Contact : G. Smeets
Location : Institut de Saint-Louis Tel. : 89.69.50.00
12, rue de 1'Industrie Telex: 881386

Bolte Postale No 301
F-68301 Saint-Louis Cédex, France

MACH NUMBER

NOZZLE EXIT DIAMETER. cm
RUNNING TIME

SUPPLY PRESSURE, bars
SUPPLY TEMPERATURE, K
GAS

No TESTS/DAY
MEASUREMENT TECHNIQUES
COMMENTS

Re/m

108

CHARACTERISTICS

4 - 11 (conical)

20%20

<1 ms

400 (max)

7000 (max)

air

4

interferometry, heat transfer

the tunnel will be transformed for aeroballistic studies,
but the above characteristics will be attainable if desired
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NLR CONTINUOUS SUPERSONIC TUNNEL - CSST

Organization : Nationaal Lucht- en

Ruimtevaartlaboratorium

Location : N.L.R.
Anthony Fokkerweg, 2
NL-10539 CM Amsterdam, Netherlands

MACH NUMBER

NOZZLE EXIT DIAMETER,
RUNNING TIME

SUPPLY PRESSURE, bars
SUPPLY TEMPERATURE, K
No TESTS/DAY

PRESENT STATUS
PERSONNEL REQUIRED
MEASUREMENT TECHNIQUES

CHANNELS OF DATA

cm

1010

Re/m

0

10

10

Contact : Mr S.J. Boersen

Tel. :

CHARACTERISTICS
1.2 - 6.0 (contoured)
20x27
continuous (~ 30 min)
39
500
N.A.
operational

5

(20) 51°5113

force balances, pressure distribution, store separation,
flutter, mass flow, heat transfer

24 off-line, but results in minutes

T TYYT
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LRBA Cp REFLECTED SHOCK TUNNEL
Organization : Laboratoire de Recherches Contact : M. Desgardin,
Balistiques et Aérodynamigques Service Aérodynamique
Location : L.R.B.A. Tel. : 32.21.07.40
Boite Postale 914 Telex: LRBA VERNO 770817

F-27207 Vernon Cédex, France

CHARACTERISTICS

MACH NUMBER 8-16 (conical)

16 (contoured)
REYNOLDS NUMBER 0.26x10% /m to 2.9x106 /m
NOZZLE EXIT DIAMETER, cm 120 {useful core : 30-60)
RUNNING TIME 10 to 20 ms
SUPPLY PRESSURE, bars 30 to 350
SUPPLY TEMPERATURE, K 1,800 to 2,400
No TESTS/DAY 3 to 4
PRESENT STATUS in regqular use
PERSONNEL REQUIRED 3
MEASUREMENT TECHNIQUES force balances, pressure distributions, schlieren
CHANNELS OF DATA 20 analog channels at 50 KHz

COMMENTS

acquisition with HP 1000 (disc, plotter, ...)

the C, reflected shock tunnel is normally operated with
the Mach 16 contoured nozzle

CURRENT ACTIVITIES : used intensively for the measurement of the aerodynamic coefficients

of reentry shapes




2-16

ONERA R2CH & R3CH BLOWDOWN TUNNELS

Organizationr : Office National d'Etudes et Contact : M.C. Capelier
de Recherches Aérospatiales Tel. (1) 46.57.11.60
Location : ONERA-Chatillon Telex: ONERA 260907F

Bolte Postale 72

F-92322 Chatillon Cédex, France
CHARACTERISTICS
R2Ch R3Ch

MACH NUMBER 3, 4, 5, 6, 7 (contoured) 5, 7, 10 (contoured)
NOZZLE EXIT DIAMETER, cm 19 (M=3, 4) 32.7 (M=5, 7)

32.7 (M=5, 6, 7) 34.7 (M=10)

(useful core : 18 to 29.7) (useful core 22.7 at M=10)
RUNNING TIME 35 s 35 s (10 s at M=10)

SUPPLY PRESSURE, bars 0.4 < Pi < 80

SUPPLY TEMPERATURE, K 300 < Ti < 650
No TESTS/DAY 4

PRESENT STATUS regular use
PERSONNEL kiQUIRED 5

MEASUREMENT TECHNIQUES force balances;pressure distri-
butions; heat transfer; local
skin friction

Visualization

schlieren; wall streamlines;
themosensitive paints

CHANNELS OF DATA 25

COMMENTS

CURRENT ACTIVITIES

reentry configurationr

109 10!
E
Re/m |
i Q,n,Kg/m3
R2Ch
108 |- ’/\ 1
7 107!
WE R3CH
o
106 - —] 10-2
105 103

15 20 25

boundary layer transition with roughness effects,
interactions on a range of two and three dimensional shapes,

1.5 < P1 < 170

400 < T1 < 1100
4

regular use

5

force balances;pressure distribu-
tions; heat transfer; local skin
friction

Visualization :

schlieren; wall stremalines; thermo—
sensitive paints

25

starting time
sweep rate

3 ms
S0°/10 s

shock boundary layer
aerothermodynamic testing on
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ONERA S4MA BLOWDOWN TUNNEL
Organization : Office National d'Etudes et Contact : M, Laverre
de Recherches Aé&rospatiales Tel. : (1) 79 20 30 55
Location : ONERA-Centre de Modane-Avrieux Telex:
Bolite Postale No 25
F-73500 Modane, France
CHARACTERISTICS

Current S4MA S4MA Predictions for M 12 nozzle
MACH NUMBER 6 (contoured) 12 (contoured)
NOZZLE EXIT DIAMETER, cm 68 (useful core : 48) 108 (useful core : 60)
RUNNING TIME 50 s - 90 s 30 s
SUPPLY PRESSURE, bars 42 (max) 150 (max)
SUPPLY TEMPERATURE, K Ti < 1850 Ti < 1850
GAS air air
No TESTS/DAY 2 -5 2 -5
PRESENT STATUS operational for hypersonic operational end 1988

tests but possibility of

use for airbreathing engines

or air intake tests
PERSONNEL REQUIRED 6 6
MEASUREMENT TECHNIQUES force balances, pressures, heat transfer, shadowgraph
CHANNELS OF DATA 48
COMMENTS the maximum temperature of the heater is 1850 K. In the case

of a filter upstream of the nozzle, the temperature is 1100
for the Mach 6 nozzle and will be about 1500 K for the Mach
12 nozzle. Currently, S4MA has an open jet test chamber of
2.1m x 2.8 m cross section and a length of 2.8 m
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Organization :

Location : Engineering Laboratory
Parks Road

OXFORD SUN TUNNEL

University of Oxford Contact : Prof. D.L. Schultz

Tel. : (865) 246 561 or 722 274

Oxford, OX1 3PJ; U.K.

MACH NUMBER

REYNOLDS NUMBER
based on exit D

NOZZLE EXIT DIAMETER, cm
RUNNING TIME

SUPPLY PRESSURE, bars
SUPPLY TEMPERATURE, K

No TESTS/DAY

PRESENT STATUS

PERSONNEL REQUIRED
MEASUREMENT TECHNIQUES
CHANNELS OF DATA
COMMENTS

CHARACTERISTICS

6, 8, 9 (contoured)
12x108 (M=6); 6.4x10° (M=8); 2.5x10° (M=9)

16 (M=6); 28 (M=8); 30 (M=9)

50 to 80 ms

130 (max)

720

8 (max)

operational

2

normal force (with free flight), heat transfer, schlieren
64 on-line

the tunnel has recently undergone a conversion to the LICH
mode (Ludwieg tube with Isentropic Compression Heating)
yielding M=8.25 and very uniform pressures for 30-40 ms.
Conversion to the gun tunnel mode can be made in 1 week.




Grganization

Location : R.A.E.

MACH NUMBER

REYNOLDS NUMBER
based on exit D

NOZZLE EXIT DIAMETER, cm
RUNNING TIME

SUPPLY PRESSURE, bars
SUPPLY TEMPERATURE, K

No TESTS/DAY

PRESENT STATUS
PERSONNEL REQUIRED
MEASUREMENTS TECHNIQUES
CHANNELS OF DATA

~ 3'x4' Tunnel
Bedford, Beds; U.K.

RAE 3'<4' TUNNEL

Royal Alrcraft Eskab. Contact : Dr L.F. East
Tel. : (0252) 24461; Ext.

Telex: 858134

CHARACTERISTICS

2.5 - 5.0 {(contoured)

35*10G {max. at M=4.5)
91x122

continuous

0.4 - 12

N.A.

N.A.

operational

N.A.

N.A.

N.A.

2719
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R A E SHOCK TUNNEL
Organization : Royal Aircraft Estab. Contact : Dr L.F. East
Location : R.A.E. Farnborough Tel. : (0252) 24461; Ext. 2719
Hants, GUl4 6TD Telex: 858134
CHARACTERISTICS

Shock Tube Mode LICH Tube Ludwieg Tube Mode
MACH NUMBER 7,9,10,13 (conical) 7,9 {conical) 5 (contoured)

9,13 (contoured)
REYNOLDS NUMBER PER METER 8.7x107 - 2.7x10® (M=7) 3.7x107 - 2.5x106 (M=7) 4.3x10% - 1.7x10®

1.3x107 - 1.1x10® (M=13) 8.9x108 - 1.9x106 (M=9)
NOZZILE EXIT DIAMETER, cm 36 (useful core : 20) 36 (useful core : 23 (useful core : 20}

20 at M=7
15 at M=9)
RUNNING TIME 3 to 10 mé (tailored 100 ms 100 ms
reflected shock)
No TESTS/DAY 4 4 4
MEASUREMENT TECHNIQUES heat transfer,schlieren hea. transfer,pressure, heat transfer,pressure,
forces, schlieren schlieren

CHANNELS OF DATA 17 on-line 17 on-line 17 on-line
PERSONNEL REQUIRED 2 2 2
PRESENT STATUS not used since 1983 operational not yet commissioned
COMMENTS the shock tunnel is currently operating in the LICH mode at M=7 with a 0.38 m

by 0.38 m working section. External tube heating to about 250°C maximum is
available for LICH and Ludwieg tube operation. A larger open-jet working
section and model incidence setting equipment will be available by mid-1987.
Operating conditions for the Ludwieg tube are those projected.
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SESSIA/CNRS SR3 TUNNEL

Organization : SESSIA/CNRS Contact : Dr J. Allégre
Location : Laboratoire d'Aé&rothermique Tel. : 45 34 75 S0
du CNRS

MACH NUMBER

NOZZLE EXIT DIAMETER,

RUNNING TIME

SUPPLY PRESSURE,
SUPPLY TEMPERATURE,
PRESENT STATUS

PERSONNEL REQUIRED

4ter Route des Gardes
F-92190 Meudon, France

CHARACTERISTICS

2 to 30
cm 15 at M=7; 36 at 15 < M < 30 (useful core : 10-15)
continuous

bars up to 120
K up to 1,500

in regular use in the supersonic and hypersonic range,
mainly at Mach numbers 15 and 20

3

MEASUREMENT TECHNIQUES force balances, heat transfer (thermocouples, infrared

CHANNELS OF DATA

system), pressure transducers, electron gun (for local
density measurement and visualization)

6 to 20

CURRENT ACTIVITIES : As flows from continuum to transitional regimes may be produced, high

108

Re/m

106

altitude aerodynamics has been emphasized such as stage separation of
launchers and satellite direction control. Hypersonic reentry aero-
dynamics is now under study.
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Contact : Prof. R.A. East

: (0703) 559122; Fxt. 2324

2-22
SOUTHAMPTON ISENTROPIC LIGHT PISTON TUNNEL
Organization : The University of
Southampton
Location : Department of Aeronautics &
Astronautics
The University
SO namuron 505 SNA, L.
CHARACTERISTICS
MACH NUMBER 6.85 (contoured)

NOZZLE EXIT DIAMETER, cm
RUNNING TIME

SUPPLY PRESSURE, bars
SUPPLY TEMPERATURE, K

No TESTS/DAY

PRESENT STATUS

PERSONNEL REQUIRED
MEASUREMENT TECHNIQUES

CHANNELS OF DATA

21 (useful core : 17)
ls

90

600

5

regular use

3

dynamic stability, schlieren
liquid crystal thermography

12 on-line

9.4

21  (useful core : 17)
0.28 s (usable)

60

995

5

to date, one calibration
condition only

3

dynamic stability,schlieren,
liquid crystal thermography

12 on~line

CURRENT ACTIVITIES : Dynamic stability of simple axisymmetric shapes and hyperballistic
vehicles - experiments and semi-empirical predictions; free-oscillation experimental tech-
niques for studying large amplitude non-linear effects on hypersonic dynamic stability:
dynamic effects of hypersonic separated flow, e.g. a rapidly deployed control surface;
development of a continuous recording technique for free flight studies in short duration
hypersonic facilities using optical position sensors; aerodynamic characteristics of a
range of basic vehicle configurations with lower surface flow containment; development of
ligquid crystal thermography for heat transfer investigations; a study of interference
effects on kinetic heating of slender finned bodies.
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Location :

MACH NUMBER
NOZZLE EXIT DIAMETER,

RUNNING TIME

SUPPLY PRESSURE, bars
SUPPLY TEMPERATURE, K
GAS

No TESTS/DAY

PRESENT STATUS

PERSONNEL REQUIRED
MEASUREMENT TECHNIQUES

CHANNELS OF DATA
COMMENTS

w
to
2

TH AACHEN SHOCK TUNNEL

: Rheinisch-Westfilische Contact : Prof. H. Gronig
Technische Hochschule Tel. : (0241) 80 46 06
Institut fiir Luft- und Telex: 0832704
Raumfahrt
Stosswellenlabor

Templergraben, 55
D-51.0 Aachen, f™ Germany

CHARACTERISTICS
6 - 24 (conical, 10.5°)
cm three conical nozzles of D=50, 100, 200 cm, each with
various throat inserts (useful core for M=24 : 1/3 D)
10 ms

1,500 (max)
7000-8000 (max)
N;, air

1 or 2 (max)

in preparation for hypersonic reentry experiments with
conical nozzle D=50 cm

3

heat transfer, pressures, schlieren and shadow optics,
interferometry

25

detailed calculations and further tunnel calibration tests

are underway
predictions shown below are for an initial barrel pressure

of 1 bar.
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Organization

Location : VKIFD
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VK] LONGSHOT

von Karman Institute for Contact : Prof. J.F. Wendt
Fluid Dynamics

Tel. :(02) 358 19 01

Chaussé&e de Waterloo, 72 Telefax : (02) 358 77 21
B-1640 Rhode Saint Gen&se, Belgium

MACH NUMBER

NOZZLE EXIT DIAMETER,
RUNNING TIME

SUPPLY PRESSURE, bars
SUPPLY TEMPERATURE, K
GAS

No TESTS/DAY

PRESENT STATUS
PERSONNEL REQUIRED
MEASUREMENT TECHNIQUES
CHANNELS OF DATA

cm

CHARACTERISTICS
15-20 (conical, 6°)
36 (useful 23-30)
5-10 ms
4000 {(max)
2400 (max)
N2
1-2
in regular use
3
heat transfer, pressures, schlieren
48 transient recorders, 50 KHz each

COMMENTS a Mach 15 contoured nozzle of 45 cm diameter is under con-
struction and a conical nozzle of 60 cm diameter for Mach
20+ may be installed. Open jet test section of 10 m?
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PREPARATION D'ESSAIS PROBATOIRES D'UN GENERATEUR DE PLASMA
POUR L'ALIMENTATION D'UME SOUFFLERIE HYPERSONIQUE

H. Consigay, C. Pacou, O. Papirnyk, Ph. Sagnier, J.P. Chevallier
Office National d'Etudes et de Recherches RAérospatiales
Boite Postale N° 72 - 92322 Chatillon CEDEX
R. Leroux (Aérospatiale)

L'étude du projet d'avion spatial Hermes fait apparaftre la
nécessité d'un nouveau moyen d'essais au s.l susceptibi. d'offrir, non seulement des nombres de Mach
élevés mais également les enthalpies correspondant aux vitesses de rentrée dans le domaine d'aititude de
70 4 50 km. L'avant projet d'une soufflerie & rafales de que!nes secondeg a Até proposé en ervisageant
l'utilisation d'éléments existants (sphére 4 vide, groupe de pompage. tuyéres...} avec une alimentation
en'gaz chauds par un générateur de plasma de 1'Aérospatiale Aquitaine. Cc type d'alimentation, souléve
des questions sur les qualités requises de 1'érouloment :

- permanence, homogénéité, composition, température.

Avant de s'engager dans cette réalisation le CNES a demandé wune validation préalable du générateur.
L'objet de la preésente communication est d'exposer le processus retenu qui comporte les phases suivan-
tag

- étude et réalisation d'unc .uyére se raccordant a des éléments existants et offrant par elle-méme les
conditions requises pour le sondage,

- étude et réalisation des dispositifs de sondage de cet écoulement (pression dynamique, débit masse
local, enthalpie).

1. INTRODYCTION

Le projet d'avion spatial Hermés, confié par le CNES & la société AMD-BA a suscité un examen critique des
méthodes et moyens nécessaires A une bonne prévision des caractéristiques aérodynamiques de ce véhicule,
en particulier dans sa phase de vol hypersonique.

A la lecture des legons (1] offertes par le "Space Shuttle”, il apparait que la principale divergence
entre prévisions et résultats en vol qui concerne l'équilibrage longitudinal, serait due 4 une prise en
compte insuffisante des effets de gaz réels affectant 1'ensemble de 1'écoulement [2] ou plus particu-
liérement les régions d'extrados [3] et d'interaction onde de choc-couche limite. C'est e perfection-
nement des méthodes de calcul qui devrait réduire ces marges d'incertitude car 1'absence de similitude
pour les écoulements de gaz réels ne perret pas l'utilisation directe de résultats obtenus sur modéles
réduits.

La validation des codes doit cependant étre assurée par des essais probants, c'est-i-dire exécutés dans
des installations présentant des caractéristiques suffisantes pour mettre en jeu les phénoménes physiques
incriminés. L'analyse de ce besoin, tant pour les études de base que pour des essais i caractére indus-
triel, a conduit A définir un moyen d'essai 4 rafales de durée moyenne (quelques secondes), propice &
toutes sortes de mesures 4 des niveaux relativement bas de pression et masse volumique. Ce moyen sera
briévement décrit. Il doit utiliser, pour obtenir les enthalpies requises, un générateur de plasma
industriel dont il convenait de tester la qualité d'écoulement (permanence, homogénéité, composition,
température).

La présente communication a essentiellement pour objet les dispositions adoptées pour ces essals proba-
toires.

2. PROJET DE SOUFFLERIE RS CH

Proposé au début de 1'année 1985, ce projet résulte de compromis entre impératifs d'ordres divers :
coits, délais, performances. Pour réduire les premiers, il fait, pour son implantation (fig. 1) et sa
constitution (fig. 2), appel i des Dbitiments et éléments existants ; pour son alimentation i haute
enthalpie, il est prévu un générateur de plasma 5 MW de 1'Rérospatiale. Sa courbe limite de fonction-
nement dans le plan enthalpie-pression (fig. 3) montre que des conditions nominales de 50 b, Hi/RTa = 100
sont normalement accessibles.

L'étude d'avant projet de cette installation (4] vise 24 )’'obtention, avec des éléments existants ou
éprouvés, de rafales de quelques secondes dans des tuyéres de dimensions suffisantes pour recevoir des
roddles de 0,5 m de longueur environ. Avec une prise en compte approximative (celle-ci sera précisée par
1'étude de chaque tuyére) des effets de gaz réels hors équilibre en cours de détente on trouve, pour des
nombres de Mach de 12, 16 et 20 les conditions physiques qui figurent dans le tableau suivant.
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N 12 16 20

T{K) 240 138 88

ho/pa 10,16 10-2  Jo,17 10-¢ 0,37 10°%

CorPa  f0,18 10-5 0,34 10-<  [0,11 10+

a{m/s) in 236 188
Vo(m/s) 3737 mm 3770

Re 2,5 103 8,6 10° 4,5 10 —__T
M/VRe 0,12 0,17 0,3

Ekkm) 63 75 82

Pi(Pa) 3083 595 200

On peut remarquer que ces conditions correspondent pour M = 12 A une duplication compléte des valeurs des
pression, densité et température de 1'atmosphére standard 4 63 km : seul¢ la masse volumique des alti-
tudes de¢ 75 et 82 km est reproduite avec des tempérarures inférieures ; l'énergie figée en cours de
déteate {dissociation et vibration) est de l'ordre de 10 %. Le domaine de simulation ainsi obtenu dans le
plan Mach, Reynolds est donné fig. 4.

Les hypothéses retenues pour calculer lzs limites en Reynolds de ce domaine doivent érre précisées : les
valeurs maximales sont obtenues avec un fonctionnement cryogénique limité par la température de conden-
sation hors équilibre [5] soit pour la pression nominale de 50 b, soit pour une pression accrue jusqu'a
150 b (projet de générateur segmenté).

Les valeurs inférieures ae Re pourraient évidemment étre atteintes en diminuant les pressions génératri-
ces mals c'est au contraire & des pressions maintenues aux maximum, de 50 et 150 b mais aussi & 1'enthal-
pie nominale de 100 que correspondent les valeurs minimales portées sur .. 2iagromme. Lz --:irhe g1 - 20 %
ne constitue pas toute la frontiére car aux nombres de Mach les plus élevés la pression d'arrét & haute

enthalpie peut devenir insuffisante pour un amorcgage correct de 1'écoulement.

Cette figure montre en outre que des valeurs du paramétre de raréfaction M/ (Re comparables au vol sont
L:wn teproduites  avec, simultanément, des valeurs de l'e¢nthalpie qui, sans égaler le vol, sont cependant
suffisantes ;~nr faire apparaitr¢ “es effets de gaz réels notables.

Ces effets sont illustrés wn général par le domaine (vitesse, altitude) simulé (fig. 5) mais peut étr=
plus précisément par la fig. 6 ol l'on voirt Juo, 4 condition d'ajuster la pression génératrice a l'en-
thalpie selon la courbe pi{To}, il est possible de cunserver “nvariants les paramétres de similitude
classiques (M, Re, et X/ yR¢) tout en faisant varier largement le taux de dissoc:i:tion 2 Vtequiilbre lau
point d'arrét).

On peut remarquer que ce taux de dissociation, nettement supérieur A celui qui se ige au cours d¢ la
détente dans 1la tuyére, sera plus facilement atteint dans la couche de choc du fait d'une certalne
prédissociation amont.

Un autre paramétre important pour les études de couche limite est le rapport entre température de paru:
Tp et température statique To ; la fig. 7 montre que, toujours en maintenant constants les paramétres 3
et Re (M = 12 ; Re Ar 104 pour une longueur de maquette de 50 cm), grace 4 1'ajustage de pression généra-
trice figuré pi(To), il est possihle avec une maquette A température ambiante de faire varier Tp/To dans
un large rapport (de 2 & 8) ou au contraire de maintenir Tp/To 4 la valeur du vol moyennant un refroidis-
sement ou un réchauffage du modéle techniquement concevable. Ce type d'opérations est évidemment plus
facile 4 envisager sur les formes simples propices aux études de base définies dans 1les programmes de R
et D.

La fig. 8 montre que, en maintenant une température juste suffisante pour éviter la liquéfaction 'mettant
a4 profit le retard 4 1'équilibre) une variation indépendante et significative des paramétres ¥ et Re est
encore obtenue.

3. S PR 'OIRES

Des générateurs de plasma 4 arc prolongé ont
jusqu'ici été plutdt utilisés pour des essais de matériaux [8, 9]. Dans ce dernier cas, les exigences
concernant 1'homogénéité, la pe manence et la pureté de 1'écoulement sont moins sévéres qu'elles ne
doivent 1'étre pour des essais aérodynamiques. Il a donc été décidé, par les promoteurs du projet Ré Ch
briévement décrit ci-dessus (ONERA, CNES, AMD/BA) de soumettre le générateur prévu (JPSO de 1'Aérospatia-
le) A des essais probatoires permettant de qualifier 1'écoulement.

Ces essais ne peuvent se concevoir que sur le site "Aérospatiale" qui comporte 1'ensemble coiiteux des
servitudes nécessaires 4 1'alimentation du générateur (la transposition de ces éléments pour le projet R6
Ch, fig. 9 en montre l'importance).
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Le sondage de 1'écoulement implique 1'utilisation d'une tuyére de détente représentant une portion amont
des tuyéres définitives d'un diamétre de sortie suffisant pour un bon contréle d'homogénéité et assurant,
pour des mesures de concentration, un figeage de ces derniéres.

I1 serait de plus intéressant que cette portion puisse se raccorder 4 la partie aval d'une tuyére M = 16
qui fait partie des éléments existants réutilisables.

I1 est enfin nécessaire, compte tenu de 1'absence de moyens de pompage et de capacités A vide sur le site
Rérospatiale que la tuyére puisse s'amorcer avec une pression de récupération permettant -le rejet A
1'atmosphére. Pour satisfaire & ces exigeaces diverses la tuyére, conique et d‘ouverture modérée,
débouche avec wun diamétre de 85 mm dans un petit caisson de mesure (fig. 10) propre & contenir les
moyens de sondage et A permettre la visualisation de 1'écoulement.

3.1. Tuyére - Calcu

(=

de 1'écoulement {11

La forme de tuyére étant déterminée par des considérations purement géométriques de raccord 4 des
éléments existants et de continuité dans 1'évolution des courbures, le calcul de 1'écoulement est
effectué par approximations successives sur le couplage noyau non visqueux-couche limite, en conservant
en premiére approximation 1'hypothése d'un écoulement par tranches. La premiére région, y compris le col
et son voisinage immédiat est calculée pour 1l'air 4 1'équilabre (diagramme de Mollier numérisé d'aprés
les tables d'Hilsenrath [10]. A 1'aval, le calcul par tranche est poursuivi, hors équilibre thermodynami-
que et chimique ; le modéle adopté comprend les 9 espéces et 15 réactions dont les viiesses figureat dams
le tableau N° 1.

Ce programme [11] résulte d'adaptations successives d'un code établl 4 l'origine par le CALSPAN [12]. Les
principales hypothéses concernant le gaz sont les suivantes :

fluide parfait, c'est-a-dire sans effets de diffusion des espéces, de wviscosité ou de conluction
thermique,

équilibre thermodynamique des énergies de translation et rotation ; relaxation des énergies de vibra-
tion I7s molécules d'azote et d'oxygéne (oscillateurs harmoniques) avec des constantes de temps données
par les expressions suivantes :

pour 0z T ¢v= 16,18 x 10-4¢ e tol.4a/T1.3 dynes s/cm?
N2 TA= 11,15 x 10°¢ Tt 2 e '3:/T4 '3 dynes s/cm?

- dissociations décrites par le tableau N® 1 et couplage vibration-dissociation par le modéle non
préférentiel.

Le systéme d'équations différentielles ordinaires obtenu est intégré par une méthode de Runge Kutta avec
quelques précautions concernant les choix de pas. Les résultats les plus typiques sont présentés er
tonction de 1la dis.ance le long de la tuyére A partir d‘une origine située dans le convergent & 33 mm &
1'amont du col ; les résultats correspondants au calcul 4 1'équilibre sont donnés A titre de comparai-
son ; ils justifient a posteriori le traitement i 1'équilibre de la région sonique.

On montre successivement 1'évolution le long de la tuyére de la pression (fig. 11), de la masse volumique
{fig. 12) des températures (fig. 1} de 1a vitesse (fig. 14) et du nombre de Mach (fig. 15}. Ces
résultats suscitent quelques commentaires classiques *

- la zone de non équilibre est relativerent courte pour la plupart des réactions et en paiticulier le
figeage des températures de vibration est pratiquement atteint vers 100 ou 150 mm respectivemex® pou.r
Nz et Oz ; la fraction d'énergie figée est faible si on la compare A l'enthalpie totale et en consé-
quence les vitesses calculées en ou hors équilibre différent peu (fig. 1 ).

La conservation du débit P VS entraine corrélativement une trés faible différence sur les masses volumi-
ques en et hors équilibre 4 abscisse donc A4 S donné. L'effet de 1°énergie figée est plus évident sur les
températures de translation-rotation en fin de détente qui différent de 820 K environ. Hors équilibre, la
vitesse du son se trouve donc nettement diminuée et cet effet 1'emporte sur la perte de vitesse pour
donner des nombres de Mach hors équilibre surpassant de 20 % les nombres de Mach 4 1'équilibre A 1l'extré-
mité de la tuyére.

Un premier calcul de couche limite (laminaire et turbulente) a ¢été effectué pour évaluer les flux de
chaleur afin que l'Aérospatiale puisse prévoir le refroidissement de la tuyére tel que décrit ci-aprés.
La prise eu compte de 1'épaisseur de déplacement dans une seconde itération sur le calcul du noyau non
visqueux (code Euler gaz parfait ¥ = 1,2) entre 100 et 200 mm montre que 1'hypothése de 1'écoulement par
tranche est tout A fait justifiée pour la couche limite laminaire et encore acceptable pour une couche
limite turbulente ({(fig. 16).

On peut conclure des résultats precédents que 1la tuyere répond aux conditions prescrites pour les
conditions de sondage : concentrations et texzpératures de vibration figées ; noyau sain de dimension
suffisante. Outre les résultats présentés, les calculs de couche limite ont fourni les données de flux
thermique nécessaires A 1'étude technologique de la tuyére : en particulier i son refroidissement.

3.2. Tuyére - Réalisation

L'Aérospatiale congoit et réalise la tuyére. Le dimensionnement de celle-ci est effectué pour les
conditions génératrices suivantes :
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- pression génératrice : pi = 50 bars,
- enthalpie gépératrice réduite : Hi/RTo - 100,

corregpondant 3 un débit gaz de 0,266 kg/s et une puissance gaz de 2,09.10% W pour le col de section
1 ca?,

Le calcul de 1'écoulement conduit & des estimations de flux de chaleur de 5.107 W/m* au col, décroissant
jusqu'a 5 10% W/m? environ en sortie. Ces conditions de flux et pressions sont couramment rencontrées
dans les générateurs de plasma. La conception retenue est de type classique :

une enveloppe interne de faille épaisscur en alliage de cuivre est réalisée au profil r~alculé ;

un film d'eau A grande vitesse (de l'ordre de 20 a/s) assure le refroidissement d'amont en aval (1l
permet d'obtenir des coefficients de convection élevés) ;

des séparateurs assureant la mise en forme de ce film d'eau ;

1l'ensemble est disposé i l'imtérieur d'une structure ;

enfin, 4 1'aval une couronne maintient 1l’'enveloppe interne et comporte 4 prises de pression pariétales.

Cette tuyére est présentée planche 17. Le refroidissement étudié permet un régime permanent d'écoulement,
en 1'absence d'usure des piéces. La pressurisation du circuit d‘eau de refroidissement est asservie & la
pression génératrice dans la limite d'un écart &e 20 bars. Le niveau de pression d'eau peut atteindre 100
bars.

3.3. Caisson de mesure et dispositif de sondage

Le caisson de mesure se présente comme une minl soufflerie a jet libre ave: une rcprise coulissante (fig.
10). Son volume résulte d'un compromis : 11 doit étre assez ré "t pour que sa vidange par effet d'induc-
tion jusqu‘d une pression voisine de 0,04 atm soit rapide pour assurer un bon amorgage du jet et un
tfonctionnement correct de la reprise ; il doit contenir 1'ensemble du dispositif de sondage, escamote
hors du jet avant et aprés une traversée assez ravide {ns 0,1 s) pour que les sondes ne subilssent qu'un
échauffement modéré.

Des hublots doivent assurer un chaap d‘observation convenabie pour des visualisations ombroscopiques.
Pour éviter durant la phase transitoire d'amorgage des retours de gaz chaud sur ces hublots, deux
précautions sont prises, d'une part la reprise coulissante est amenée au contact de la bride de sortie de
tuyére avec une certaine étanchéité pour une éventuelle vidange préalable du caisson. d'autre part une
entrée controlée d'air frais est ménagée dans le caisson.

Le bras porte-sondes oscillant autour d'un axe varalléle & la veine, actionné par vérin hydraulique aver
amortisseurs de fin de course, de méme que ia reprise coulissante sont commandés par un automate program-
mable dont la séquence s'insére dans la programmation générale de fonctionnement du générateur.

3.4. Sondes
L'ensemble des sondes utilisées est di1sposé en arc de cercle 4 1'extrémité du bras porte-sonde (fig. 18)

pour balayer approximativement un diamétre vertical ou horizontal de la tuyére dans un plan trés volsin
de son extrémité.

Deux sondes pitot mesurent une pression d'arrét 3 1l'aval d'un choc normal, 1'une pour les valeurs
moyennes est équipée d'un capteur Stathans type 731 et donne, compte tenu de sa canalisation (1 métre)
un temps de montée de 7 ms avec dépassement de 8 %. L'autre destinée aux mesures de fluctuations
contient un capteur Kistler 6001. Son étalonnage dynamique montre (fig. 19} la réponse & un échelon de
150 mb et le spectre de cette réponse qui présente une faible résonnance vers 3 kHz avec atténuation
réguliere au dela,

i

La sonde de débit masse, dans l'axe du mat est tout A fait classique [13, 14] pour un mode de fonction-
nement transitoire. Le débit capté par l'entrée d'air de section connue est mesuré grace au col sonique
aval d'aprés la pression et la température & l'amont de ce dernier. Un échangeur thermique & inertie
réduit cette cempérature au voisinage de 1'ambiance. Les diamétres de thermocouples et capteur de
pression sont choisis pour que les temps de réponse de ces mesures soient du méme ordre que le temps de
stabilisation de 1l'écoulement interne dans la sonde (< 1 ms), & condition d‘utiliser le thermocouple en
régime transitoire [15].

Sondes d'enthalpie :

Elles sont toutes deux basées sur le méme principe : la mesure de flux sur obstacies sphériques. Le
flux au point d'arrét est directement 1ié & 1'enthalpie d'aprés la formule de Fay et Riddel, mais
1'utilisation de deux sondes de diamétre différent permet de vérifier 1'absence de polilution solides.
Les flux de chaleur liés & 1'impact de particules sont indépendants du rayon de courbure alors que ies
flux aérodynamiques évoluent comme 1'inverse de sa racine.

La sonde # 10 mm se préte & 1l'exploitation de la température superficielle locale au point d'arrét pour
obtenir le flux soit dans 1'hypothése simplificative d'un milieu sew1-i1nfini avec correction de
courbure, soit avec une méthode de différences finies en admettant une distribution de flux sur la
sphére {(théorie de Lees).

La sonde & 5 omm est trop petite pour que la localisation de la mesure au point d'arrét soit assurée ;
elle ast donc considérée comme un capteur 4 inertie thermique, pratiquement isotherme et soumis & un
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flux moyen résultant de 1'intégration de la distribution de Lees. Le dirensionnement des sondes et le
choix des matériaux sont dictés par l'utilisation en régime transitoire (traversée du jet en 0,1 s! et
conduisent & des échauffements de l'ordre de 400° C, donpant une grande sensibilité de mesure. On s’'est
assuré du bon fonctionnement de ces sondes & plus faible niveau avec une durée d'exposiilon accrie
{soufflerie R Ch).

4. EXPLOITATION DES KESURES

Qutre les sondes ci-dessus 1l est prévu d'explolt"~ ues vaSu.llsations STrioscopiques ou ombroscopiques
qul permettroant de s‘assurer que le choc sur la sonde de débit masse est bien attaché aux lévres de
l'entrée d'air.

Ces visualisations, 4 relativement forte densité compte tenu de la détente limitée & ¥ = 6 devraient
permettre une mesure assez précise de la distance de détachement sur les sondes sphériques. On ne peut en
déduire directement la composition du gaz dans la couche de choc. Il semble cependant que cette distance
soit assez sensible aux effets de gaz réels [16, sans 1'étre trop & la conicité de 1'écoulement [17! pour
qu’il soit ainsi possible de valider les calculs de concentration en cours de détente hors équilibre, ce
type de calcul pouvant étre poursuivi sur les obstacles [18] et en incluant de préférence efferc visqueux
diffusion, température et catalycite de paroi.

L'exploitation des mesures de pression d'arrét ne sculéve pas de problémes particuliers peur évaluer @V?
méme en présence d'effets de gaz réels. La sonde de débit fournissant @V on peut en déduire P et V et de
14 V2/2 et l'enthalpie 4 comparer aux mesures sur les sondes thermiques.

Le but principal des essais probatoires étant de s'assurer de 1l'homogénéité de 1'écoulement, ia technique
de balayage permet avec les mesures énumérées ci-dessus d'escompter une qualification rapide de l'écoule-
ment.

5. CONCLUSION

Les essais probatoires prévus doivent permettre de vérifier qu'un générateur de plasma peut constituer
une alimentation de soufflerie hypersonique fonctionnant en rafales de plusieurs secondes. Pour définir
le montage et le systéme de mesure, il est nécessaire de prendre en compte de nombreux phénoménes
physiques et chimiques qui sont aussi analogues que possible d ceux rencontrés en cours de rentrée
spatiale. Une fois de plus, il apparait que la mise au point d’une soufflerie est, en elle-méme et avant
tout essal sur des maquettes de véhicules, un exercice trés fondamental de validation des méthodes de
calcul qui serviront & la définition de ces véhicules.
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M représentant les espéces catalytiques autres que celles concernées A savoir
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6 : 0, e, 02, NO, 0O*2, NO*
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SHOCK TUMNNELS FOR REAL GAS HYPERSCWICS
by
R.J. stalker
Department of Mechanical Engineering
University of Queensland
Brisbane Qld 4067
Australia

SUMMARY

The application of free piston shock tunnels to the simulation of real gas effects in hypersonic
flight is discussed. It is pointed out that the primary simulation variables for this purpose are the
stagnation enthalpy and the binary scaling parameter. The free piston reflected shock tunnel is
considered first, and it is shown how test time limitations play a major role in determining the
limiting stagnation enthalpy for a given model size. Nevertheless, flight values of the two simulation
variables, for vehicles similar to the Space Shuttle Orbiter, can be matched by an existing free
piston shock tunnel up to speeds of 7 km.s ', Experiments performed in this shock tunnel are
used to demonstrate real gas effects in model flows.

Radiative energy loss limits the maximum stagnation enthalpy available with reflected shock tunnels.
Fortunately, operation in the non-reflected mode circumvents this limitation and, in addition, allcws
higher values of the binary scaling parameter; although it also leads to greatly reduced test times.
The use of the prior steady flow technique to enable high enthalpy non-reflected shock tunnel operation
is described, and examples of experiments performed in the facility are used to demonstrate that short
test times do not preclude worthwhile experimentation. A variant of the free piston shock tunnel, which
is intended for propulsion research at high velocities, also is briefly described.

1. INTRODUCTION - REAL GAS SIMULATION REQUIREMENTS

Real gas effects are a feature of hypersonic flow at high flight speeds. They influence phenomena
such as boundary layer heat transfer, shock layer vortex shedding, shock detachment, centre of pressure
location, control surface effectiveness and combustion heat (elease in propulsion systems.

For most probleme ass-~ciated «~ilh lifting vehicles, the dominant real gas effects are associated
with the dissociation of oxygen and nitrogen. this begins when the gas experiences the sudden
temperature rise which occurs when it crosses the bow shock from the vehicle and, because the
dissociation reactions take a finite time to come .o completion, it continues for some distance
downstream, wirk *+ha gas in a non-equilibrium state. An indication of the magnitude of this distance
is given in fig.l, where normal shock calculations have been slightly modified to show the streamwise
variation of density in a stream tube which crosses a normal shock, and subsequently remains at constant
pressure as it passes downstream. The distance downstream is expressed in terms of the binary reaction
variable, x = px/u, where p is the pressure, u is the velocity and x is the distance from the shock.
It can be seen that in terms of this variable, two curves at different altitudes (i.e. different
densities) and the same flight speed are the same for a considerable distance downstream.

The reason for this is that this part of the non-equilibrium process 1is dominated by the forward
chemical reactions which increase the dissociation levels. Al. these are reactions which involve only
tWo components , and therefore the rate at which they proceed is proportional to the density or, at
the same temperature and dissociation level, to the pressure. Now, as also may be seen from fig.l, when
the gas begins to approach an equilibrium state the curves, which were identical, increasingly diverge.
This is because the backward, recombination, reactions play an increasingly important role, and since
these involve three components, the direct proportionality between reaction rate and density no l.ager
applies. The binary scaling variable y then ceases to be effective in correlating flows ac different
densities.

An indication of the limits to the binary scaling regime for flight vehicles may be obtained by
plotting two boundaries on a velocity-altitude diagram, as in fig.2. Here the flow downstream of a
shock inclined at an angle of 40° to the oncoming flow is considered, since this is likely to be more
representative of the flow field about a re-entry glider than a normal shock. Using curves similar to
fig.1, a lower "equilibrium™ boundary can be drawn. For altitudes below this boundary, the reactions
require a distance of less than 1 metre after the shock to reach equilibrium and, since this may be
expected to be an order of magnitude less than the typical dimersions of a flight vehicle, most of the
flow about the vehicle can be expected to be in equilibrium. An upper, "frozen®™, boundary alsoc may be
drawn, above which no significant reactions occur for distances less than 1 metre from the shock. Thus,
reaction effects will be weak close to this boundary, and will become weaker still at altitudes above
the boundary. It may be noted that both boundaries tend to curve steeply to lower altitudes as speeds
fall towards 4 km.s. . This is a manifestation of the fact that real gas effects behind a 40° shock
are becoming very weak in approaching this speed, and indicates that wind tunnel facilities must be able
to comfortably exceed this speed if they are to produce significant real gas effects in the general flow
field about a re-entry glider.

Trajectories for the Space Shuttle Orbiter and possibic Aero assisted Orbital Transfer Vehicles also
are shown on fig.2. It can be seen that they fall well into the region between the two boundaries,
without approaching closely to the equilibrium boundary. This is fortunate, because it implies that
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recombination effects are unimportant in the flow field about these vehicles and, in order to simulate
real gas effects in a shock tunnel, it generally is necessary only to ensure that the effects of forward
reactions are represented, and the<e are accommodated by matching the values of the binary scaling
variable. Similar remarks also apply to an acceleration vehicle because, although its trajectory on
fig.2 passes close to the equilibrium boundary, the fact that it may be expected to generate shock
angles substantially less than 400 over most of its flow field implies that it alsc falls into the
binary scaling regime.

Thus the primary requirements fcr real gas simulation in a shock tunnel are:

[#9] Matching tunnel to flight stagnation enthalpies. This ensures that stream energies are
sufficient to generate real gas effects of appropriate strength.

(i) Matching values of the binary scaling variable at corresponding points in the flight and wind
tunnel model flo fields. This can be done by matching tunnel to flight values of the Linary
scaling parameter p D, where p_ is the freestream density, and D 1s a typical configuration
dimension. It is interesting to note that this criterion is the same
as that for matching Reynolds’ numbers.

This paper discusses existing* shock tunnels which meet these requirements. They are based on the
use of a free piston driver, with helium driver gas. the discussion is centred first on the refiected
shock tunnel, and then on the non-reflected shock tunnel, showing how the latter extends thre
capabilities of the former, though with a much reduced test time. A further development of the free
piston reflected shock r.unnel', designed to allow propulsion experimentation, is then briefly outlined.

2. THE FREE PISTON REFLECTED SHOCK TUNNEL

The free piston driver employs a simple principle”’. It involves filling a compression tube
with driver gas at a relatively low pressure. This tube 1is coupled to the shock tube at one end, and to
a reservoir of moderately high pressure air at the other. The air is separated from the driver gas by a
piston, which is prevented from moving unti{] the facility is ready to fire. Wher the piston is released
it is driven alnng the compression tube, accelerating and acquiring energy from the expanding reservoir
gas. As the piston approaches the downstream end of the compression tube, its energy is transferred to
the driver gas, raising its pressure and temperature to the point at which the shock tube diaphragm
ruptures, and the shock tube flow is initiated. The piston is sufficiently massive that the time scale
of the driver compression process is roughly two orders of magnitude longer than that of the shock tube
flow processes, so that the transient peak driver conditions produced in the compression process can be
taken as quasi steady for the purpose of calculating the shock tube flow. Thus, high temperatures and
pressures can be generated in the driver gas, without introduction of contaminants, and this permits the
high shock speeds which are a feature of the method. For example, a regularly used test condition
involves a driver gas compression ratio which raises the temperature of helium ariver gas to 450¢K, ana
produces tailored interface operation with air test gas at a primary shock Mach number of 22. The basic
layout of a free piston reflected shock tunnel is shown at the top of fig.9, and more details of the
layout of such a facility are presented in refs.3 and 4.

{(a) Test Time and Simulation

The question of stagnation enthalpy simulation is interwoven with test time considerations, and it
is convenient to consider the latter first. [t is limited by driver gas contamination arising from the
shock boundary layer interaction which eccurs as the shock wave reflects from the downstream end of the
shock tube. As shown in fig.3{a) the bifurcation of the stronnq reflected shock as it interacts with the
shock tube wall boundary layer causes "jetting” of the driver gas along the walls when the shock reaches
the contact surface. The driver gas therefore arrives prematurely at the nozzle entrance, and
contaminates the test gas.

Davies and Wilson'3) have developed an approximate theory which allows test times to be estimated
according to this mechanism. this theory has been extended to allow for the effects of high enthalpy
operation with a free piston driver(s), and yields estimates of test times as shown in fig.3(b). The
estimates are made for a 75 mm. diameter constant area shock tube but, for shock tube diameters which
are within a factor of two of this value, the test time can be taken to be roughly proportional to the
diameter. Also, the driver gas pressure and sound speed can be adjusted to take account of the area
change at the diaphragm station which is a part of the free piston driver configuration. For the
figure, the horizontal axis expresses the stagnation enthalpy in terms of an equivalent flight velocity.
and the vertical axis expresses the test time, ¢, in terms of the approximate length of the slug of test
gas which passes through the test section before contamination begins. It can be seen that with given
driver gas conditions, the test slug length reduces strongly as the nozzle stagnation enthalpy is
increased but, if the driver sound speed is allowed to increase, then the test slug can be maintained
roughly constant.

It is worth noting that, in general, this theory errs somewhat on the conservative side, as demonstrated
in fig.3(c). This displays measurements of the time of arrival of driver gas contamination at the test
section, normalized with respect to the theoretical estimate. Because it generally is difficult to
detect the_ driver gas by aerodynamic methods, mass spectrometry has been employed at the higher
enthalpies( ), and mass capture probes at the lower ones . A substantial scatter exists in the

* In operation at the Australian National University, Canberra, Australia.
t Under construction at the University of Queensland, Brisbane, Australia.
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data at the upper end of the e.thalpy range for the hydrogen driver results, as the tests approach the
tajlored interface condition. This is thought to arise from an intermittency in the passage of the gas
from the wall jet across the end wall of the shock tube and, if it is ignored, then the general trend is
for the measured test times to exceed predictions.

It can be seen that, with a test gas slug length only of the order of metres, the effect of the
nozzle flow starting process on the test time becomes important. This is illustrated in fig.4. The
figure shows the double snhock system which arises from the expansion of the test gas into the shock
tunne! nozzle atter reflection of the primary shock wave at the end of the shock tube. If the initial
gas density in the nozzle is sufficiently low, this shock system passes through the nozzle rapidly
enough to ensure that it is always followed by an unsteady expansion. The upstream head of this
expansion (the "{u-a) wave") marks the onset of steady flow. Taking the point C on the figure as
indicating the arrival of driver gas contaminant at the entrance to the nozzle, it will transmit to the
test section along the steady flow particle trajectory from C. It then follows that the difference
between the time taken for the (u-a) wave to traverse the nozzle, and that for a flow particle, will be
the net loss of the test time associated with the nozzle starting process.

Some estimates of this test time loss lead to the rough rule of thumb that, for a contoured nozzle
which begins with an included angle of 30° at the throat, it can be given as

At = (2.5 £ M- + 14y /NZn
s - s

where ¢ is the overal! nozzle length, M_ is the test section Mach number, r is the nozzle throat radius,
and hg is the nozzle stagnation enthalpy. This is plotted in fig 3(b) for an M_ = 6 nozzle 1 metre long,
with a throat radius of 10 mm. It can be seen that it reduces the useful lergth of the rest gas sing by
approximately 0.5 m, and that this is enough to be significant at high enthalpies.

The remaining test slug length provides an indication of the size of models which can be tested in
the shock tunnel. For example, for boundary layer studies without separal’,ior_lx the steady flow test slug
length must approach three times the model length. thus, the 4.4 km.s. speed of sound curve in
fig.3({b) allows boundary layer studies {(including heat transfer measurements) to be made on models which
are 0.3 m. long at values of VZh, up to 7 km.s. -. Smaller models can be tested at higher stagnation
enthalplies. this example shows how the useful stagnation enthalpy limits of a shock tunnel are
conditioned by the model size.

The value of the binary scaling parameter, p_D, obtained in a shock tunnel depends or the test
section density, as well as the model si<e. With a given nozzie reservoir pressure (i.e. pressure at
the end of the shock tube after the shock reflection process is completed) the density can be increased
by reducing the test section Mach number. For a given test section size, this is limited by the
allowable nozzle throat size, consistent with avoiding excessive drainage of gas from_lthe shock
reflection region. In fact, this requirement is not too demanding and, for the 4.4 km.s. speed of
sound curve in fig.3(b), it is possible to operate a nozzle with throat and test section diameter of 25
mm. and 250 mm. respectively to produce test flow Mach numbers ranging from 6.5 to 5.5, depending on the
stagnation enthalpy. With this nozzle, a model 0.3 m, long, and a flight to model scale ratio of 100:1,
it 4is possible to establish a simulation boundary on a velocity-altitude diagram. This is shown in
fig.5, as the M = 6 boundary. Since the flight value of p_D can be simulated for any point above this
boundary, by reducing the nozzle reservoir pressure or the throat size, it follows from the figure that
much of the high enthalpy portion of the Space Shuttle Orbiter trajectory can be simulated.

3. REAL GAS FLOW EXPERIMENTS IN THE RELECTED SHOCK TUNNEL

A number of basic research studies involving non-equilibrium real gas effects have been performed
in the free piston reflected shock tunnel, T3, in Canberra, and some examples are briefly outlined here.

{a) (1) Non-equilibrium Effects in Shock Detachment

Shock detachment is a feature of blunt body flows. It drastically changes the flow field about a
body, and can influence the stability characteristics of blunt body flight configurations. An
investigation of non-equilibrium real gas effects on shock detachn\ent” has been conducted for
two-dimensional wedge configqurations, and results are shown in fig.6. First, tests were conducted with
argon at low enthalpies in order to confirm the relation between shock detachment and wedge angle in the
perfect gas case. This relation then was used to predict the perfect gas shock detachment for nitrogen,
and is compared in the figure with measurements taken at hs = 22 MJ.kg. ~. It can be seen that real gas
effects inhibit the development of shock detachment, yielding much less detachment for a given wedge
angle than the perfect gas case.

(a) (11) Constant Temperature Curved Shock '

Analysis of the non-equilibrium flow downstream of a curved shock in nitrogen“o’ shows that the
dissociation reactlion is quenched close to the shock, at a temperature which is independent of the shock
slope. Thus, the constant density ratio shock wave of perfect gas hypersonic flow is replaced by a
constant temperature ratio shock wave. This will, of course, be evident in the shock density ratic and
to confirm this effect, Mach Zehnder interferograms were used to measure the density downstream of the
curved shock formed by a two-dimensional cylinder model. The results are shown in fig.7., and indicate
density ratios consistent with a constant temperature shock.

- ———— —— ——
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It is interesting to note that one of the consequences of this effect is a change in the vorticity
downstream of the shack.

(a) (411) Flat Plate Heat Transfer

Thin film gauges were used to study the heat transfer on a flat plateu“ 0.5 m. long. The results,
shown in fig 8(a), reveal the importance of surface catalysis effects. For the test conditions of the
experiments, the oxidized steel surfaces of the shock tunnel models are non-catalytic and the increasing
level of frozen atomic species in the freestream as the stagnation enthalpy is increased causes a
corresponding increasing reduction in heat transfer level. This is evident in the figure. Also,
increasing the tunnel nozzle reservoir pressure at wlz_h_,' = 5.7 km.s. = increases the forward reaction
rates in the boundary layer, and produces the further reduction in heat transfer which is evident in the
figure.

Using these heat transfer values, combined with available catalytic coefficients for Space Shuttle
Orbiter tile materials, it was possible to predict the reduction in heat transfer which is shown to be
consistent with flight measurements in fig.8(b}.

(b} Tunnel Limitations

These, and other, experiments bave established the efficacy of the free piston reflected shock
tunnel for real gas flow experiments up to, and perhaps somewhat exceeding, stagnation enthalnies
corresponding to Earth orbital velocity. However, to proceed to higher stagnation enthalpies, it is
necessary to produce substantial levels of ionization in the test gas at_the end of the shock tube
after shock reflecticn and, in experimental studies of this reqion“z)'(“) it was found that
radjative energy losses weres tn~ "I rc allow effective reflected shock operation. Thus, a "radiation
barrier” prevented the attainment of significantly higher stagnation enthalpies.

Also, some desired experiments called for higher nozzle reservoir pressures than were achieved,
either to increase the valué of the binary scaling parameter, or to increase the Mach number without
reducing the binary scaling parameter,

In order to meet both these requirements, the facility was developed to operate in the non-reflected
shock tunnel mode.

4. THE FREE PISTON NON-REFLECTED SHOCK TUNNEL

Non-reflected shock tunnel operation has been employed by previous experimenters (e.g. ref.l4). It
requires that nozzle flow starting times be minimized, and this has been effected by using a
pre-evacuated nozzle, with a light diaphragm near the nozzle entrance. However, this is not possible
with the short test times which are available in shock tubes at high stagnation enthalpies, as the
diaphragm fragments cannot be removed from the flow sufficiently rapidly. This problem was circumvented
by developing the "Prior Steady Flow" technique for starting the nozzle ),

(2} The Prior Steady Flow Technique

The manner in which the technique operates can be seen by noting that, as shown in fig.4, the
starting process in an expanding nozzle normally involves the formation of a secondary shock wave,
which tends to propagate upstream into the test gas. Although this shock wave is swept downstream by
the motion of the test gas, it can be strong enough to cause a substantial delay in starting the nozzle
flow and, if the shock tube test time is short, it may eliminate the steady flow period in the nozzle
altogethe:.

The prior steady flow technique weakness the starting shock by establishing a steady flow of test
gas through the nozzle prior to arrival of the primary shock wave at the nozzle entrance. For high shock
speeds, the velocity of the prior steady flow is insignificant. However, the associated density
distribution in the nozzle is such that the starting shock system is swept through the nozzle without
significant decay in velocity, and delays in nozzle starting associated with the starting shock system
are eliminated. Steady flow in the test section theref~re {5 established upon passage of the (u-a) wave
in fiqg.s.

Modification of a free piston reflected shock tunnel for non-reflected operation is shown in fig.9.
It is effected by removing the nozzle and test section, and replacing them with a new test section, and
an extension to the shock tube. The extension is surrounded by a nozzle feed tank, and the test section
is vented to the damp tank via the valve assembly. The valve 1s spring loaded to open. The valve
actuating sleeve is rigidly connected to the shock tube and, prior to a test, the dump tank and test
section assembly is moved towards the shock tube, allowing the valve actuating sleeve to force the valve
to open. The flow of test gas is initjated, passing from the shock tube and feed tank to the
pre-evacuated dump tank. The feed tank is large enough to act as a steady state reservoir for this
prior steady flow, ensuring that the shock tube pressure does not change significantly as the piston
traverses the length of the compression tube. When the piston reaches the end of the compression tube,
the shock tube main diaphragm is ruptured and the shock tube flow is initiated.




45

With the non-reflected modification installed, the overall length of the 75 mm. diameter shock tube,
in the T3 facility, is 8.4 m. The entrance to the nozzle is 38 mm. diameter, and the nozzle is
contoured to produce parallel flow at the test section. It is a supersonic to hypersonic nozzle,
designed for an area ratioc of 16.

(b) Test Time and Simulation

Tne non-reflected shock tunnel avoids the "radiation barrier®, because at least half of the
stagnation enthalpy takes the form of the flow kinetic energy, and therefore is not subject to radiation
loss, However, it achieves this objective at the price of greatly reduced test times. These are
displayed in fig.10 in the form of test slug lengths, as in fig.3. They are determined by recording the
termination of radiation from the stagnation point of a blunt body in the test section, with the time
taken for the nozzle starting process obtained from time resolved Mach Zehnder interferograms. It can
be seen that effective test siug lengths are an order of magnitude less than those obtained with the
reflected shock tunnel.

The simulation capability of the non-reflected shock tunnel is shown in fig.ll. As for fig.5 it is
possible to match stagnation enthalpy and the binary scaling parameter for altitudes above the shaded
boundary. Because of the higher effective nozzle reservoir pressures associated with non-reflected
operation, the simulation boundary lies at a lower altitude than that for the reflected shock tunnel at
comparable stagnation enthalpies.

It is worth noting that the high enthalpy capability of the non-reflected shock tunnel affords the
interesting possibility of simulating flows associated with entry to the outer planets. The atmospheres
of these planets are hydrogen-helium mixtures but, except at very high flow energies, the helium acts
only as an inert diluent. In this role, it can be replaced by neon and, with hydrogen-neon test gas
mixtures, it is possible to produce effects associated with ionization of hydrogen in the flow. For
example, at a stagnation enthalpy of 140 HJ.kg.-l, using a 60% H, ~ 40% Ne mixture, it is possible to
simulate flow over a blunt cone under conditions corresponding to peak heating in entry to the
atmosphere of Saturn.

S. EXPERIMENTS IN THE NON-REFLECTED SHOCK TUNNEL

In order to demonstrate the utility of the non-reflected shock tunnel, two experiments are reported
briefly. The first demonstrates the high enthalpy capability of the facility, and the second the high
nozzle reservoir pressure capability.

{a) (i) Ionizing Wedge Flows of Hydrogen-Neon Mixtures

Wedge flows of 60% hydrogen 40% neon gas mixtures were studied using Mach Zehnder
Int.erferometry(ls). Fig.12 shows a forward fringe shift (towards the leading edge), due to neutral
particle density increase across the shock wave, at a wedge incidence of 300. At 350, the forward
fringe shift is followed by a reverse shift, due to electron production. Close to the surface, a
further forward fringe shift marks the presence of the boundary layer. These experiments demonstrated
that steady flow over simple models could be established in the short test times available. The results
were used to resolve uncertainties in hydrogen ionizaton rates which existed in the literature at the
time of the experiments.

{a) {11} Non-equilibrium Afterbody Flows

Mach Zehnder interferograms were taken of the two-dimensional flow of nitrogen over a flat plate with
a cylindrically blunt nose L typical result is shown in fig.l.. and is compared with results of
numerical computations. The high effective nozzle stagnation pressures allowed a hypersonic flow to be
produced at a pitot pressure level of 13 atm., thus raising the test section density high enocugh to
allow strong real gas effects to occur at the relatively small blunt nose. The Mach Zehnder
interferograms allowed the downstream effects of the flow at the nose to be observed. An experimental
interferogram is compared with results of numerical computations in fig.13, and the two are seen to be
consistent with each other, except near the surface, where the experiments indicate much lower densities
than the computations. The reason for this discrepancy had not been resolved at the time of writing.

[ A PROPULSION SHOCK TUNMEL

The search for a means of deliverying payloads to Earth orbit which is cheaper than those used at
present has directed attention to techniques of airbreathing propulsion at speeds approaching orbital
velocity. 1In order to produce the combustion heat release which is essential to airbreathing propulsion,
it is necessary to limit precombustion air temperatures to values around 1500K, even with hydrogen fuel.
At the high stagnation enthalpies associated with high velocity flight, this implies that combustion will
take place under hypersonic conditions. For vigorous hydrogen combustion to take place within a length
scale of, say, 100 mm., experiments similar to those reported in ref.17 have shown that pressures of the
order of 0.5 atm. are required and, at a Mach number of 7, this requires nozzle reservoir pressures
approaching 2000 atm. Since test times in the non-rullected shock tunnel are considered to be too short
for most propulsion experiments, it was necessary to develop the reflected shock tunnel Zor this
purpose.
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Now, one of the disappointing teatures of the free piston shock tunnel T3 has been the pressu.e
losses experienced in passing from the compressed driver gas at diaphragm rupture to the nozzle
reserveir region at the downstream end of the shock tube ¢ ), after shock reflection. Whilst the reason
for this is not understood at present, model studies have established that the effect can be overcome by
ensuring that the face ~f the piston is well removed from the entrance to the shock tube at diaphragm
rupture. To accommodate this, whi'-~t producing the high compressed driver gas temperatures necessary
for high enthalpy operation, it .s neces. vy to use a long compression tube,

The construction of a shock tunnel embodying these principles is nearing completion at the University
of Queensland. It employs a compréssion tube 25 m. long and 228 mm. in diameter, driving a shock tube
10 m. louag and 75 mm. in diameter. It is designed to produce nozzle reservoir pressures of 2000 atm.
and, although it obviously has potential for other applications, it is intended to use it, in the first
instance, for studies of hypersonic combustion.

7. CONCLUSION

A discussion of the requirements for simulation of real gas effects in hypersonics leads to the
conclusion that, for flows typical of re~entry gliders and acceleration vehicles, only the behaviour of
the forward non-equilibrium reactions in air needs toc be simulated. this implies that stagnation
enthalpy and the binary scaling parameter, p_D, represent the two primary requirements for simulation.

The coupling of a free piston driver to a reflected shock tunnel has produced a facility which wilil
satisfy both these requirements, f_olr flight vehicles similar to the Space Shuttle Orbiter, at flight
speeds up to approximately 7 km.s. . The simulation capability is limited by the test time, which 1s
fundamentally determined by the shock boundary layer interaction occurring at shock reflection in the
shock tube. Within this limitation, test times are sufficient to allow realistic experimentation on
hypersoric real gas effects, and this is confirmed by the results of some typical experiments.

It is worth noting that, although stagnation enthalpy and p_D can be matched in the tunnel, the
overall simulation will be imperfect, in that freestream composition and Mach number are not matched.
However, experience has shown that these imperfections are not a major impediment in many reacting fiow
situations, largely because conditions downstream of a strong shock tend to be independent of those
upstream. If situations occur where they are particularly significant, their effects could be
accommodated in numerical real gas simulation models, implying that shock tunnels then could be used to
provide the experimental data base for validation of these models.

Because a “radiation barrier" effect limits the maximum stagnation enthalpy available in a reflected
shock tunpel, and high nozzle stagnation pressures are sometimes desired for real gas studies, the
non-reflected shock tunnel is attractive, notwithstanding its short test times. The prior steady flow
technique for nozzle starting makes high enthalpy non-reflected shock tunnel testing a practical
proposition. It produces a facility which will allow testing with stagnation enthalpies well in excess
of reflected shock tunnel limits, including values which allow simulation of the effects of hydroger
ionization on the gas dynamics of entry into the atmospheres of some of the outer plants. At lower
stagnation enthalpies, values of p_D appropriate to an acceleration vehicle are possible.

Wwhen the established capabilities of the free piston reflected shock tunnel, and the free piston
non-reflected shock tunnel, are combined with the designed capabilities of a new high enthalpy
propulsion shock tunnel which currently is under construction, it becomes clear that shock tunnel
facilities have deve.oped to a point which will allow experimental study of real gas effects in
hypersonic flow over the range of flight speeds which are likely to be of foreseeable interest to beyond
the turn of the century.
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TURBULENCE MEASUREMENT IN HYPERSONIC FLOW
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SUMMARY

An assessment has been made of the potential for hot wire and laser anemometer measurements
of turbulent fluctuations in hypersonic flow fields. The results of experiments conducted in the
AFWAL M=6 High Reynolds Number Wind Tunnel are reported and comparisons made with previous
hot wire turbulence measurements.

LIST OF SYMBOLS

The following symbols are not defined in the text.
m mass flux Subscripts Superscripts
M Mach number
p pressure e edge + wall variable
T temperature f fluid ' fluctuation
ug friction velocity m mass flux —  time average
U, V mean flow velocity p particle ~,' Tms quantities
Ae, mass flux sensitivity t total
Ae, total temperature sensitivity w wire

Au  velocity change

Y specific heat
n viscosity
p density

1. INTRODUCTION

In the post-Apollo era, a time of reduced space effort in the United States and Europe. the subject
of hypersonic aerodynamics has been neglected and many hypersonic simulation facilities have either
been scrapped or decommissioned. However, with the resurgence of planned hypersonic research
associated with the National Aerospace Plane, for example. facilities and experimental methods for
hypersonics are once again in strong demand.

During this period of hypersonic neglect, great strides have been made in our capabilities to
compute complex fluid flows. But, reliable flight vehicle designs and modifications still cannot be
made without recourse to extensive wind tuanel testing. At present, progress in computational fluid
dynamics of hypersonic flows is restricted by the need for reliable experimental data and an
improved understanding of both the physics and structure of turbulence in high speed flows which
can be used for the development of empirical turbulence models and to validate Navier-Stokes codes.
Although some hot wire data have been obtained in previous years, they are of questionable
reliability due to the assumptions which must be made to determine velocity fluctuation levels from
the measured hot wire variables. Currently, there are few compressible flow measurements which
could be used for modelling purposes, and, since additional shear stress terms may be significant at
high Mach numbers, models based on incompressible measurements may not be reaiistic.
Experiments designed to aid turbulence modeling of hypersonic flows and verify computer codes will
require extensive flow field turbulence measurements.

Experimental methods in lower speed regimes have also made significant advances due primarily
to the availability of high power lasers. Their introduction has enabled the field of laser velocimetry
to expand from low speed, small scale, closely controlled laboratory applications to the measurement
of compressible flows in large scale wind tunnels. (Ref. 1). The advent of the laser velocimeter allows
us to measure velocity fluctuations directly in a linear, non-intrusive manner. Of particular value is
the capability it offers to measure some of the compressible turbulent shear stresses, since this is an
impractical task with hot wires.
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The challenge now is to apply these new computational and experimental capabilities to the
solution of current and future hypersonic flow problems in a cost effective and timely manner. Bug,
before complex and expensive test plans are made, an assessment of the potential for laser
velocimetry in hypersonic flows must be made. To achieve this, fundamental questions of seeding and
optical sensitivity must be answered by experimentation. The purpose of this work was to make such
a determination for flowfield measurements in the AFWAL M=6 High Reynolds Number Wind Tunnel.

2. BACKGROUND

Current turbulence measu.ement requirements for hypersonic flow fall into three primary areas,
namely: measurements to define wind tunnel flow quality in facilities to be used in future transition
experiments, measurements of basic bench-mark flows to support wrbulence modeling efforts and
measurements to determine the mechanisms and effects of large scale turbulent interactions in flows
of immediate practical interest.

At present, the principal research tools for turbulence measurement in low speed flows are hot
wire and laser anemometers. In hypersonic flows, hot wires can be used reliably to measure
freestream mass flux and total temperature fluctuations but cannot be uscd in flows which involve
high levels of turbulence, separation or time-dependent flow reversal which are often associated with
shock/boundary layer interactions (Ref. 2). On the other hand, due to resolution limitations, the laser
anemometer is not suitable for low turbulence. freestream measurements. But. with its linear and
directional sensitivity it probably represents the instrument of last resort for the non-intrusive
measurement of large scale, unsteady turbulent flows. Thus, it is important that the practical
problems associated with both hot wire and laser anemometry are addressed and that redundant hot
wire znd laser velocimeter experiments and comparisons be carried out to determine their reliable
ranges of application. Measurements to support turbulence modeling could then be chosen so that the
attributes of both techniques could be applied with care.

A hot-wire anemometer senses any changes in the variables which affect the rate of heat-
transfer between the wire and the fluid. Variations in heat transfer coefficient can change both wire
temperature and resistance. If the wire is made part of a suitable electrical circuit. these change: can
be used to generate a signal which is related to the instantaneous heat transfer. Thus, as Morkov.n
(Ref. 3) points out, for the correct interpretation of the electrical signal we need to know: 1) the
identity of possible fluid flow variations (eg. turbulence or sound), 2) the laws of heat transfer
between the wire and fluid, 3) the variation of wire resistance wilh temperature and the effects of
conduction to the supports, and 4) the response of the associated electrical system which produces the
measured current or voltage variations.

Unfortunately, our knowledge in each of these categories is far from complete and could well be
responsible for the current lack of reliable data. A recent review (Ref. 4) of supersonic and hypersonic
hot-wire data taken in zero pressure gradient, adiabatic or isothermal wail boundary layers illustrates
the problem. Fig. 1, taken from Ref. 4, shows data from several sources for the fluctuating axiat
velocity component. The scatter is so large that it is impossible to construe that any form of similarity
with Reynolds or Mach number exists. The picture is even more confusing when the distributions of
the other two normal stresses are reviewed (Ref. 4). The measured shear suress distributions (Fig. 2)
once again show that no pattern of similarity can be observed. Indeed, only Klebanoff's
incompressible measurements (shown for comparison) approach the anticipated limiting value of
unity in the wall region. These results give some indication of the deficiencies in the measurement
techniques and data reduction assumptions.

The problem is further compounded by the fact that a significant portion of the available studies
were conducted in wind tunnel nozzie wall boundary layers in which unknown upstream influences
could have affected the turbulent structure. Also, many measurements have been made with thin
film gages which have doubtful validity for quantitative turbulence measurements, since subsirate
thermal feedback causes probe sensitivities to vary with frequency. It is particularly serious and
complex for multiple films mounted on the same substrate which are the type of probes used for
shear stress measurement. Even with crossed-wire probes, data interpretation is involved and can be
unreliable. For instance, the time-averaged expression for one component of the compressible
turbulent shear stress is (pv)'u’ whereas the hot-wire, after questionable assumptions (Ref. 5),
measures (pu)v' which differs by a first-order term. Thus, it is clear that systematic investigations of
fluctuating velocities are still needed, even in zero-pressure gradient compressible boundary layers to
establish a reliable data base for turbulence modeling. Clearly, hot wire turbulence measurements in
compressible shear flows still present a formidable scientific challenge. Most flows of practical
interest can be extremely semsitive to probe interference. Local turbulence levels also normally
exceed those for which reliable hot wire measurements can be expected. Directional intermittency can
give rise to substantial hot wire errors (Ref. 6).

There are other factors which affect the reliability of hot wire measurements in flows where
more than one mode fluctuation is significant. In these flows, a fundamental hot-wire anemometer
requirement for meaningful quantitative measurements is one of high-frequency response over a
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wide range of wire overheat ratios. This requirement is needed to separate mass flux and total
temperature fluctuations in compressible, non-isotherma! flows. But it brings out a basic flaw in the
most widely used tool for current turbulence research, namely, the coastant temperature anemometer
(CTA). This weakness is illustrated by the following equation for the CTA frequency response

Mcra = Mo/l + 21R,G) 1

where Mcpa and M,, are the time constants of the anemometer system and the wire alone.
respectively, r is the wire overheat, R is the wire resistance and G is the anemometer
transconductance. It can be seen that the CTA frequency response is directly proportional to the wire
overheat ratio and at low overheat ratios (r—0) the anemometer system time constant approaches the
wire time constant. Since M, can range from | to 5 ms (frequency response from 32 to 160 Hz). low-
overheat. constant temperature anemomeier measurements are clearly open to question.

Unfortunately, low overheat measurements are required to determine the total temperature
fluctuations and the mass flux total remperature cross corrclations.  But, with the use of compensating
amplifiers, adequate constant current anemometer response can be maintained even at the lowest
overheat ratios. Comparisons of the two basic hot wire systems have been made in Ref. 7. These
measurements clearly show that there will be a need for alternate constant current anemometer
measurements in many hypersonic flow situations.

Other sources of hot wire turbulence measurement uncertainty are the assumptions invoived in
reducing the hot wire measurements of mass flux and total temperature fluctuations to terms which
appear directly in the momentum and energy equations. For example, to obtain the axial velocity
fluctuation levels, we assume that the flow field is isentropic. This permits us to write the energy
equation in its differential form as

10T 23u _ 3p ¢
aT=(v—1)MT¢~- 2

P~ F
where o = 1/(loYT'1MZ)

Then we consider the equation for the mass flow per unit area and time in its differential form

dm _2u % ,
m u e

Substituting for dp/p in equation 2 gives

13T 22u, 3 9m du
;T=(Y-1>M—‘T*p m o 4
or, collecting terms, we obtain
du ! 3T _ ! [2- 2= 5
Ul (v-DMA T (1e(yv-pME P @
which, defining B = a(y - 1)M2, can be written as
du (1 3T « \fdp dm
T-EHF-ERF-F 6

In past shear layer studies, the effect of pressure fluctuations has been negelected so that, with
p'/p << 1.0, equation 6 may be written as

C L\ (puy
i G & 7

Squaring both sides of this equation leads to an expression for the streamwise turbulence
intensity in the form

T 1 v 2 GUT, [ a VEUT
ﬁ_z'(oue)T‘?*(a»s)?(m‘m‘(we) ewe O

Clearly the measurement accuracy is governed by a pressure fluctuation assumption which is
probably not valid in hypersonic flows, and questionable, low-overheat determinations of the first two
terms in equation 8. The procedures used to evaluate other terms which appear in the momentum
and energy equations are reviewed in Ref. 5. These analyses show that previous hypersonic hot wire
measurements could be subject to substantial errors.

However, recent developments in laser velocimetry facilitate the non-intrusive, linear
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measurement of complex high speed turbulent flows and the direct measurement of some shear stress
terms. But, before laser velocimetry can be extended to hypersonic flow, some basic questions must
be addressed. The primary question is that of particle size requisement for reliable response
combined with adequate Mie scattering.

The motion of a spherical particle in a fluid flow has been reviewed and summarized by Hinze
(Ref. 8). The results show that, given the particle diameter, specific gravity and the local flow
conditions, the particle response to sinusoidal velocity fluctuations of the surrounding fluid can be
estimated from

(d2pp/18uHdVp/d) = (V-Vp) = 0 9

The analysis, which assumes Stoke's drag with the Cunningham correction, gives the particle
response to turbulent fluctuations in the moving frame of reference of the particle. Equation 9 may be
transformed to

Vo(S)V(S) = I(TpS + 1) 10
where S is the Laplace operator and T, is the time constant defined as
T, = d2p,/18p¢ 11

By substituting i for S in equation 10, the particle response in the frequency domain may be
written  as

Vp/Vi = Y(Tp2a? + 1)0-5 12

where o is the frequency of the fluid flow fluctuations in radians/sec. However, in the low density
and static temperature environments associated with hypersonics, corrections are required t¢ the
Stoke's drag coefficient which extend its range of application to flows where the Knudsen number is
significant. The form used in Ref. 9 results in a modified time constant which mav be writren as

Tp = (pp dp?/18upl + k Lidp) 13

where k is the Cunningham constant and L is the mean free path. Clearly, the effect of increasing
Knudsen number is to degrade particle response. However, when the Knudsen number is large,
equation I3 shows that relative sced particie response is proportional to the product of the diameter
and specific gravity rather than the square of the diameter. In hypersonic flow. low static density and
gas viscosity associated with low static temperature result in relatively large Knudsen numbers.
Therefore, the use of large diameter, low specific gravity particles becomes a possibility.

As an example, figure 3 shows some calculated particle response curves for the two operational
extremes of the AFWAL 20 inch Hypersonic Wind Tunnel. The curves are for M=12 assuming particle
densities of 1 gm/cc. Also shown is the response of a 0.1 gmjcc, 5 micron particle of the type used
previously in combustion studies (Ref. 10). It can be seen that, when the mean free path is large,
Knudsen number effects dominate the seed particle response to such an extent that the lighter 5
micron particle response can exceed that of a 1 micron water droplet. Indeed, when the Knudsen
number is large, the light~r seed material can have essentially the same response as that of a 0.5
micron droplet. Since the intensity of the scattered light, and hence signal to noise ratio. is
proportional to the square of the particle diameter and, since the number of photons emitted is
proportional to the time of flight through the focal volume, the advantages of using large, low density
particles in some hypersonic flows is clearly evident.

These initial calculadons indicate that final sced particle choice will be governed by the ratio of
particle size to mean free path and may well be different in other test facilities. Figure 4 shows the
significance of this effect. Clearly. the flow conditions in the 20 inch facility and other hypersonic test
facilities willi be in the Knudsen number range where careful choice of seed material must be
exercised. Mie scattering calculations (Fig. 5) which show the effects of particle size and scattering
angle on light collection indicate that the use of larger particles may be mandatory in most back-
scatter applications where the scattered light intensity can be reduced by several orders of magnitude.

Although, at first glance, particle response appears to be generally poor in hypersonic flows, we
must remember that the seed material is convected in the Lagrangian frame so that frequency
response tequirements are relaxed by a factor porportional to the difference between the turbulence
convection and the local mean velocities. To compare with hot wire turbulence spectra observations.
we must convert the frequencies to their equivalent counterparts in a fixed (Eulerian) frame of
teference.  To do this, we assume that the turbulent fluctuations relative to the moving particie
approximate those observed in a frame of reference moving with the local mean velocity. Thus the
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turbulent frequencies in the two cases are related by a velocity ratio U./U-U. where U is the
turbulence convection velocity. Previous hot wire work in the Ames 3.5 fi. Hypersonic Wind Tunnel
(refs. 7 and 11) has shown that the broad-band disturbance convection velocity is close to 0.8 of the
freestream value over most of the boundary layer. Thus, the particle response estimates could well be
increased by a factor of five. However, close 1o the wall, where the turbulence levels are highest,
filtered space-time cross-correlation measurements (Ref. 7) show that the high frequency, small scale
turbulence is convected at velocities within 5 per cent of the local mean. This indicates that the
particle response calculations could underestimate the actual response by a factor of twenty. Thus,
practical particle response may well be adequate for some, if not all, hypersonic flows.

Particle trajectory calculations also suggest that adequate particle response and recovery across
shock waves may be possible in some flow situations. Fig. 6 shows the effect of a normal shock on
particle response in the AFWAL 20 inch and M=6 facilities. In these calculations, the particles are
assumed to be moving with the gas flow ahead of the shock in a nominal, 0.1 ft. thick boundary layer.
It can be seen that 3db (Aup/Aug = .707) response could be achieved in distances comparable to or
smaller than those of the model boundary layer thickness in many flow situations. This arises since
the density and temperature increases which occur across shock waves dramatically improve particle
trackability (see Fig. 7). Clearly, extensive particle research will be required to optimize the secd
materials for hypersonic flows.

3. EXPERIMENTAL DETAILS

The hot wire anemometer and laser velocimeter measurements were made in the AFWAL M=6
High Reynolds Number Wind Tunnel, which is an open jet, blow down facility. It was designed to
produce a maximum free stream unit Reynolds number of 3x107 per foot and operates over a
stagnation pressure range from 700 to 2100 psia at a fixed stagnation temperature of 1100 R. The
supply air is heated in a pebble bed storage heater which allows run times of up to 100 seconds at the
maximum mass flow rate of 90 pounds per second. The measurements were obtained in the tunnel
empty free stream and on two model configurations namely, on a zero pressure gradient smooth flat
plate and in a pressure gradient flow imposed by the introduction of a 30 deg. ramp.

The freestream hot wire measurements werc made with two separate anemometer systems. The
mass flux fluctuations were determined from high overheat measurements using a constant
temperature anemometer and the total temperature fiuctuations were measured at low overheat
ratios using a constant cutrent system. The hot wire probes which had length to diameter ratios of =
200 were fabricated from 0.0005 inch dia. Platinum-Rhodium wires. Probe fabrication and calibration
details are given in Ref. 5.

Two different laser velocimeter configurations were used during the test program. For the initial
measurements, a single component forward scatter fringe mode system was fabricated and used to
measure the zero pressure gradient velocity profiles. To avoid unknown contamination trom
upstream flow history, these measurements were made in a fully developed., zero pressure gradient.
smooth wall boundary layer. The second system, which was used for the ramp flow measurements,
utilized the 4880 and 5145 Angstrom lines of an argon-ion laser and is shown schematically in Fig. 8.
One spectral line was used to measure the streamwise velocily component, the other to measure the
vertical velocity component. Bragg-cell frequency shifting, a necessity for probing highly turbulent
and separated flow regions, was incorporated in both spectral lines. The frequency offsets also
facilitated the direct measurement of the vertical velocity component (i.e. t45deg. beam orientations
to resolve the vertical velocity were unnecessary). The laser and most of the optical components were
fixed on a table where color separation, Bragg-cell frequency shifting and the establishment ot the
four-beam matrix were accomplished. Only the transmitting optics. collecting lens and photo detectors
moved. The traverse system on the opposite side of the test section from the laser held the collecting
lens and photo detectors for forward scatter light collection. The traversing system on the laser side
of the test section supported the transmitting mirrors and lens.

Seed particle selection was made from theoretical particle response estimates shown in Fig. 9.
Bearing in mind the tunnel total temperature requirement, a high flash point fluid (Dow Corning 704)
was chosen as the seed material. The fluid was injected through a small atomizer ahead of the throat.
The subsequent nozzle flow accelerations and shear were then sufficient to break up the seed material
into a fine mist of nominally 0.5 um particles. With seed mass tlow and injector pressures optimized.
data rates of up to 600/sec on both channels were obtained. Signal processing in both cases was
accomplished vrith single particle burst counters. However, since no coincidence requirement was put
on the two component arrival times, shear stress calculations could not be made. But, since these
measurements were made, we have significantly improved our data acquisition and reduction
capabilities. These are described in the Appendix.
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4. TEST RESULTS AND DISCUSSION
4.1 Hot Wire Freestream Measuremeats

One of the largest sources of uncertainty in proposed testing of hypersonic flight vehicles will be
consisteat documentation of the extent of transitional flow on wind tunnel test models. However, past
research has stressed the dominant role that freestream fluctuations have on model boundary layer
stability at supersonic speeds. Not only do the external fluctuation amplitudes influence transition,
their spectra are also significant. Unfortunately, freestream turbulence intensity and scale vary with
facility so that a reliable model transition data base may be difficult to establish. This problem could
be alleviated if assessments were made of flow quality in facilities which are likely to be used
future hypersonic flight vehicle development. These documentations would allow judgements to be
made as to the meaningful operational range of adequate flow quality in each facility relative to the
proposed test program.

With these thoughts in mind, freestream hot wire measurements were made in the M-6 facility
and have been compared with data obtained previously in the NASA Ames 3.5ft. Hypersonic Wind
Tunnel and the Langley VDT. The present hot wire data, plotied in mode diagram form. are shown in
Fig. 10. Since these mode diagrams are linear, the two hot wire sensing variables namely the mass
flux and total temperature fluctuation levels can be determined from the slope and intercept
respectively (Ref. 12). The total temperature measurements obtained from the intercept
determinations have been confirmed by independent constant current anemometer measurements.
Disturbance levels obtained over the entire operating range are shown in Fig. I1. It can be seen that
the mass flow fluctuations increase with tunnel total pressure and range from 0.6 to 1.6 per cent. On
the other hand, the total temperature fluctuations range between 0.5 and 1.0 per cent. Iwo sets of
data obtained in the Ames 3.5 ft. facility are shown for comparison. The first set was taken in the
original test configuration, the latter after the tunnel was converted (0 a free jet test section. The
lower levels in the AFWAL M=6 facility could be due in part to the favorable influence of flow
treatment screens installed in the stagnation chamber.

But, if we assume thu: the disturbances sensed by the hot wire are predominantly sound waves
radiated from the turbulent nozzle wall boundary layers, the pressure fluctuation levels can be
estimated from hot wire data. Hot wire theory shows this assumption to be consistent with linear
mode diagrams which are shown in Fig. 10. The results of these calculations are shown in Fig. 12 and
comparison made with the Ames HWT and Langley VDT faciliies. These results clearly show the
improved flow quality in the M=6 facility. But, sound is not the only disturbance mode, temperature
spottiness nrobably due to non-uniform heating of the supply gas is not negligible (Fig. 11). Thus, the
pressure level estimates from the hot wire data should be viewed as upper bounds, the actual levels
should be somewhat lower. Direct pressure measurements should confirm this.

Turbulent integral length scales have also been determined from the hot wire time histories. The
characteristics of two hot wire signals are shown in Fig. 13, One for a pressure of 930 psia. the other
for a pressure of 1860 psia. These traces clearly show the increased high frequency (smaller length
scale) contribution at the high tunnel total pressure. Low frequency (large-scale) contributions are
also apparent in both hot wire traces. In general, most of the energy is concentrated at low
frequencies.  Auto-correlation measurements show the turbulent integral length scales to be of the
order of the jet exit diameter.

4.2 Laser Velocimeter Measurements

Important methods used to predict compressibie turbulent boundary layer flow fields are
compressible-incompressible transformation techniques. Their appeal is the desire to employ their
simplicity and accuracy for simple flat plate flows. In Ref. 11, threc such transformation techniques
were used and it was concluded that the Van Driest method was superior when the data were plotted
in Jaw-of-the-wall and velocity defect coordinates. Accordingly, such transformations should provide
a check on the accuracy of the mean velocity profiles measured with the laser velocimeter.

Mean and fluctuating axial velocity profiles were measured at several stations in the zero
pressure gradient flow. Measurements cbtained for a momentum thickness Reynolds number of 8000
are shown in Fig. 14, which shows the results of the law-of-tfe-wall transformation when the data are
compared with the incompressible correlation of Coles (Ref. 13). This transformation, made using a
wall friction velocity based on the calculated local skin friction. confirms the validity of the mean
velocity measurements. In the law-of-the-wall, the data have the correct incompressible slope and
show a wake-like region near the outer edge of the boundary iayer similar to the incompressibie
observations. The same data have also been transformed to velocity-defect variables in Fig. 15. The
agreement in the outer portion of the boundary-layer is consistent with the wake-like behavior
displayed in law-of-the-wall variables. Once again, there is good agreement with the incompressible
correlation.

A more stringent test of particle response was also made by perturbing the flow with the
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introduction of a 30 deg. ramp. A direct comparison of ramp induced effects on the mean and
turbulent flow fields can be seen in Fig. 16 where measurements obtained at the same streamwise
station are presented. These measurements obtained at a station 0.3 boundary layer thicknesses
ahead of the ramp clearly show retardation of the flow due to the imposed adverse pressure gradient
aud a significant increase in turbulence level over a wide region. The vertical velocity profile
measured at the same location ahead of the interaction is shown in Fig. 17. Local flow angularity
profiles across the boundary layer have been calculated from the two component laser measurements.
These results (Fig. 18), show that particle response is sutficient to produce local flow angles close to
the wedge deflection angle in the shear layer just upstream of the iateraction.

The results of the most stringent test of the laser velocimeter measurements are shown in Fig. 19
where the zero pressure gradient turbulence measurements are compared with Klebanoff's
incompressible results. There is good agreement between the hypersonic laser velocimeter and
incompressible hot wire data when normalized by the wall friction velocity. This is in contrast to
previous hot wire compressible flow results, reviewed in Ref. 7, which show a monotonic decrease
with increasing Mach number. However, all these past results have been evaluated assuming zero
pressure fluctuations which we would expect to become more important with increasing Mach
number. It can be seen from equation 8 that this assumption could have a significant influence on the
calculated hot wire velocity fluctuations at high Mach numbers.

A comparison of the zero pressure gradient and ramp induced turbulence level profiles shows
that the streamwise turbulent kinetic energy for the ramp flow is more than three times that for the
flat-plate boundary layer. Turbulent mixing length scales, calculated using local rms levels and mean
flow gradients, are an order of magnitude farger, an indication of the large scale, unsteady character of
the flow field ahead of the interaction. Turbulence levels based on local mean flow values exceed 30
per cent in the wall region so that significant hot-wire measurement errors and flow interference
would arise. At this high intensity, large-scale turbulence results in directional intermittency of up to
15 per cent ahead of the time-averaged recirculation zone. Clearly, hot-wire measurement errors
associated with directional intermittency would be considerable (see Ref. 6).

5. CONCLUDING REMARKS

Diagnostic tools are available to attempt the measurement of turbulent hypersonic flows, an area
where comprehensive studies are lacking. However, measurement techniques must be used with
understanding and care in appropriate test situations. Comparisons of the present laser velocimeter
turbulence measurements with previous hot wire results indicates that pasi data reduction
assumptions can result in significant measurement errors in hypersonic flows. Extensive work is
needed to establish a reliable data base for turbulence modeling and to define the reliable ranges of
hot wire and laser anememeter application.

The laser velocimeter mean flow and turbulence measurements were in good agreement with
incompressible results and the ramp induced flow angularity measurements were consistent with the
model configuration. Although these results indicate that adequate particle tracking is possible in the
M=6 facility, considerable work is still required to optimize seed particle requircments and to define
the flow regions in which reliable particle tracking can be expected in other hypersonic test facilities.
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APPENDIX

Experience has shown that reliable traverse capability and real time data acquisition and
reduction are a requirement for efficient operation in short duration hypersonic blow down facilities.
To this end, a computer controlled encoder position indicator system and a data acquisition system
and software capable of on-line data reduction and display have been built and tested. Traversing in
three dimensions can now be accomplished by microprocessor controlled, stepper motor driven lead
screws (Fig. 20). Opti_a' cncoders fecd Lack posiior infonmnation to a desl top compuler SO tiat
immediate corrections for backlash or slippage on any axis can be made. In addition to computer
software, the data reuuction system consists primarily of two elements: an event synchronizer and a
desk top computer as shown in Fig. 21. Each individual realization and essentially simultaneous
arrival time is recorded. The coincidence requirement ensures that the velocities are obtained from
the same particle. This is a necessary condition for shear stress measurement. Each data point taken
by the processor contains the information required to calculate the instantaneous velocities u, v, w.
From these determinations, the average velocities @, Vv, W, turbulence levels u', v', w' and the cross
correlations u™v', v'w', u'w’ are all calculated. Plots of these parameters are displayed on-line as
profiles are measured and hard copy is available as required. All the raw and reduced data are stored
on flexible disks for permanent storage and retrieval. Real time histograms and probability densities
of all three velocity components are displayed during data acquisition.
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SUMMARY

Within the framework of some theses hypersonic flows have been investigated theoret-
ically as well as by experiments in the hypersonic facility "Gun Tunnel" of the institute.
Some of these activities during the last years are summarized.

The first problem to be treated here is that of a blunt body of revolution with sub-
sonic blowing in the stagnation point region against the hypersonic main flow. Surface
pressure and heat transfer measurements have been carried out for two bodies at different
free-stream Machnumbers and for various blowing rates. Remarkable agreement has been ob-
tained in comparison with a combination of Newtonian and potential theory.

The second problem discussed in detail is that of the hypersonic flow in corners
formed by intersecting swept wedges. The corner angle and the leading-edge sweep angle
have been varied systematically. The flow field has been analysed by means of pitot
pressure measurements in a characteristic cross-section and the flow structure near the
wall has been determined from oilflow pictures as well as from wall pressure and heat
transfer measurements. Strong vortical fTlows have been detected underneath the corner
shock system. Starting from a 90° corner of unswept wedges, the heat flux in the corner
center can be reduced considerably by increasing the corner angle and by sweeping the
leading-edges back.

LIST OF SYMBOLS
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—_n .0 o
3 e e
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x £ < 0T

Cross-section area

Y Ratio of specific heats
Body diameter 8 Wedge angle normal to the leading-edge
Impingement point (Fig. 11) ) Corner angle (Fig. 10)
Machnumber v Kinematic viscosity
Reynoldsnumber o Density
Reattachment points (Fig. 11) [ Leading-edge sweep (Fig. 10)
Separation points (Fig. 11) v Angle between the she?r stress direction
(local flow direction) at the wall and the
Temperature conical direction, positive towards the
Triple point (Fig. 11) corner center
Free-stream velocity
Conical coordinates in the measuring Subscripts
plane (Y=y/x, Z=z/x), origin at x-axis
(Fig. 10) D Based on body diameter
Conical c?o:d1nate; in the measuring T State at the dividing stream surface
plane, origin at the corner (Fig. 10) W State at a swept wedge
Conical coordinate along the wall of the
inclined wedge (Z=7-sin0), (Fig. 15) ¥,u State at an unswept wedge
Model span ] State in the ejection tube
Momentum coeffictent (c = vjVBjT/ VZ/EE) 1 Based on model length
Mass flow rate coefficient (c.- ﬁj/mewAD) max Maximum value
Model length t Total condition (gas brought to rest
Mass 1 te of the ejecti . A isentropically)
‘ =p.
ss Tlrw rate of the ejection (mj °3'3 J) 2 State behind a normal shock

Pressure

i h P L Free-stream conditions
Local heat transfer rate at the wal) . Critical conditions

Velocity in axfal direction
Local velocity
Rectangular coordinate system (Fig. 10)
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1. INTRODUCTION

The hypersonic test facility “Gun Tunnel” of the Deutsche Forschungsanstalt fiir Luft- und Raumfahrt
(DFL) in Braunschweig came into operation in the mid-sixties, see K. Gersten, G. Kausche [1]. Starting
from three- and six-component measurements the capability of this tunnel has been developed systematically
to include pitot and surface pressure measurements, K. Kipke [2], heat transfer measurements, G.
Stromsdorfer (3], as well as flow visualizations by means of an oil-dot technique, W. MOllenstddt [4].
Computer aided contro! of the facility led to a frequency of about 30 runs {shots) per day, which is a
rather high value for this kind of test facility.

During the quiet years of hypersonic research the "Gun Tunnel" in Braunschweig remained in operation.
The ownership changed from Deutsche Forschungs- und Versuchsanstalt fir Luft- und Raumfahrt (DFVLR) to
Technische Universitdt Braunschweig, and the tunnel is now operated at its original site by the Institut
fiir Stromungsmechanik of TU Braunschweig. When the investigations of K. Kipke [53, [6], [7] on caret wings
- which were mainly based on balance measurements - came to a close, new projects have been treated, in
which special emphasis was given to the application of pressure distribution and heat transfer measure-
ments. G. Stromsdorfer (8] investigated the problem of subsonic blowing in the stagnation point region of
a blunt body against the hypersonic main flow, K. Kipke, D. Hummel [9] initiated a long-term program on
hypersonic flow in corner configurations starting with corners between unswept wedges. This program has
been continued in the last years by W. Mdllenstadt [10], [11], (121, (131, who investigated corners be-
tween swept wedges and this program will be continued by an extension to unsymmetric configurations.

Foilowing here some results of the theses of G. Stromsdorfer [8] and W. Mollenstadt 1111 will be dis-
cussed in some detail in order to summarize the activities cf the Institut fiir Stromungsmechanik of Tu
Braunschweig within the last years.

2. TEST FACILITY

The experimental investigations have been carried out in the gun tunnel of the institute, which has
been described originally by K. Gersten, G. Kausche [1]. The actual data of this tunnel are compiled in
Tab. 1. The tunnel is mainly operated at a driver pressure of 150 bar, Test gas is the air within the
barreT (length 6 m, inner diameter 50 mm), which usuaily starts at atmospheric pressure and temperature
and which is compressed by the piston to a stagnation pressure of about 150 bar and a stagnation tem-
perature of about 1300 K, see K, Kipke [2]. The flow expands through a conical nozzle the throat part of
which can be changed in order to alter the Machnumber. At the beginning of each run the vacuum chamber at
the downstream end of the facility starts at a minimum pressure of 0.4 mbar. The total running time at
these conditions is about 100 msec.

Within this time margin the measurements of the aerodynmamic quantities are taken. fFor surface press-
ure and heat transfer measurements 4 channels for the electric signals from the pressure transducers and
from the thermo-couples are available. Within the running time of the tunnel on all 4 channels 400 values
of the signals are taken and stored in the computer. From the time history of these 400 values the time
interval can be determinred in which constant aerodynamic parameters and thus steady flow conditions are
present at the model. The corresponding measuring time is about 20 msec and the final measuring value for
each channel is taken as the arithmetic mean value over the measuring time.

For atmospheric conditions within the barrel the obtainable Reynoldsnumbers depend on the stagnation
pressure and the free-stream Machnumber. For a stagnation pressure of 150 bar and a characteristic model
length of 100 mm the Reynoldsnumber is Re_ = 1.4-10% at a Machnumber of M_ =8 and Re_ = 2.0-105 at
M, = 16. The corresponding Knudsennumbers are Kn_ = 8,5-1075 and Kn_ = 12-1075 which Indicates that
continuum flows are present.

Type Gun Tunnel
Maximum driver pressure 500 bar

Working section (size; type) @ = 0.16 m; open
Machnumber range 8 to 16

Stagnaticn pressure range

Stagnation temperature range

Typical model length

Reynoldsnumber per mm (at maximum conditions)
Running time

Usable measuring time

Test frequency

Balance system

Main use of tunnel

100 to S00 bar

900 to 1500 K

100 mm

1.5-10% to 3-10*

40 to 300 miliiseconds

20 millisecends

30 runs (shots) per day

Strain-gauge balances (all six components)

Basic research, force-, pressure- and
heat-transfer measurements, flow
visualization by oil-dot technique

Tab. 1 : Test parameters of the hypersonic gun tunnel of the Institut fiir Stromungsmechanik

of Technische Universitdt Braunschweig
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3. SUBSONIC BLOWING IN THE STAGNATION REGION OF BLUNT BODIES OF REVOLUTION
3.1 Characteristics of the flow field

One of the important problems of hypersonic flight is to protect the nose region of a blunt bedy from
heating. One of the methods to achieve this is blowing of gas in the stagrnation region out of the body
against the free-stream flow. Basic research on this topic has been carried out by H.M. McMahon [14] and
C.H.E. Warren [15]. In these investigations sonic blowing of small mass flow rates from small orifices in
the body surface has been applied. For this type of blowing the overall heat transfer rate from the flow
to the body could be reduced, but in some parts of the contour an increase of the local heat transfer rate
was found as compared to the stagnation point heat transfer rate. For this reason heat protection by means
of sonic blowing has not been applted in hypersonic flight vehicles. Later L.M. Tucker [16] investigated
subsonic blowing with larger mass flow rates from contoured nose orifices in supersonic free-stream flow.
The measured pressure distributions indicated that for this type of blowing a uniform reduction of heat
transfer along the contour might be achieved. Therefore this concept has been investigated experimentally
as well as theoretjcally in the hypersonic flow regime.

sonlc ine boundary iayer ejection tube
-

Fig.1l: Subsonic blowing from a contoured
orifice in the nose region of a
bTunt body (schematic)

dividing stream surfoce Stp Free stagnation point

E End of the straight tube

contour

invisclg fiow

Subsonic blowing from a contoured orifice in the nose region of a blunt body is sketched in Fig. 1.
Between the shock wave and the body a dividing stream surface is formed which separates the hot outer Tlow
from the cool inner flow of the ejected gas. In fnviscid flow of the same gas on both sides of the divid-
ing stream surface the stagnation pressure is constant, p,, = , but the stagnation temperature may be
different, Tt = T, .. At the dividing stream surface in eaéﬁ poi&é the static pressure is the same on both
sides, Pt = GJT fﬂis means that

Par | Pyr (1)
Pra Py
and "ZT = MjT . (2)
which can be written as
o /T . (3)
it Ty

At the dividing stream surface a velocity jump is present in the case of different stagnation temperatures
on both sides.

The dimensionless coefficient for the mass flow rate is
[ .
G - ®

If the quantities corresponding to the ejection jet are expressed by the pressure ratio p /pt and if the
free-stream quantities are written in terms of the free-stream Machnumber M_, for subsoﬂ(c %lowing with
ptj = Py yields

-1
" g[p. 1/y[1_[5_)17]1/2[_2_]1/”/2.21.“"”) (s)

P2 P2 -1 T

tJ D
with
y+1 v/v-1 y+1 1/v-1
RS R Forroeered
2 - 2AM2 -+
f(M) = (6)
y-1 1/2
[ 14 M2 ] - M,
2
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For high free-stream Machnumbers M_ > 7 the function f(H_) becomes independent of M_ and in the limit re-
sults

a 1/1- + Lqv/y-1 vy - 14172
’l‘:f'f(n.) . [(Y-l)‘(rv*l)] Y[:-I]YY [12 ] )

This means that for Machnumbers in the range 10 s M_ s 16 the flow with subsonic biowing does not depend
on the free-stream Machnumber. The principle of Nachnumber {ndependence in hypersonic flow therefore
applies also for the case of subsonic blowing. Equ. (5) holds for pj/ptz s p*/ptz. Inserting critical con-
ditions into equ. (5) leads to

14y
G - [ 2 ] A ]/Tt_ﬁ.ﬁi.f(n_) . (8)
y+1 th AD

This is the upper limit of the mass flow rate for which a subsonic flow in the ejection tube is present.
In addition equ. (5) and (8) indicate that for a given configuration with the cross-sections of tube A,
which means constant value of pj/pt2 in thg

and body A, at constant Machnumber in the ejection tube Mj,
case of suPsonic blowing, the parameter
¢! Ty
i} T
t2

is the relevant one. It can easily be determined in the experiments and it is therefore used subsequently
for the presentation of the results.

The preceding considerations were based on the assumption of inviscid flow. In viscous flow, however,
the velocity jump across the dividing stream surface leads to the formation of a free shear layer, which
is very important for the heat transfer from the hot outer flow towards the body. Shear layers of this
kind have been investigated by W. Wuest [17]. Underneath the ejected flow a boundary layer develops along
the contour of the orifice in the nose region of the body. For rounded contours as indicated in Fig. 1
this boundary layer is unseparated and merges further downstream with the free shear layer. Due to the
large mass flow rates at subsonic blowing it is possible to shift the free stagnation point relatively far
upstream of the body. In this case a wedge-shaped core of inviscid flow is placed between the free shear
layer and the boundary layer in the nose region of the body. This inviscid flow region blocks the heat
transfer from the hot outer flow towards the body in the nose region, and this leads to a smooth pressure
distribution according to L.M. Tucker [16] and to a considerably reduced distribution of heat transfer
rates without peaks. The benefits of the flow field according to Fig. 1 can only be achieved if the
ejected flow remains attached at the nose contour. Therefore the orifice has to be contoured in order to
avoid flow separations.

3.2 Experimental set-up and test conditions

The experimental investigations have been carried out in the gun tunnel of the Institut fiir Stro-
mungsmechanik of TU Braunschweig, see chapter 2. A1l runs of the tunnel have been performed for a stag-
nation pressure of 150 bar. The free-stream Machnumber M_ has been varied between M_ = 10.8 and M_ = 16.0
and the corresponding Reynoldsnumbers based on the modél diameter were Rey = 2.57105 at M_ = 0.8 and
Rep = 0.6-105 at M_ = 16. d

Fig, 2a shows a sketch of the ejection system which has been used during the tests. The ejection
vessel iiaa a volume of V, = 10 cm® and its pressure p, could be altered continuously. The stagnation
temperature in the vessel was T, = 300 K for all tests. In the ejecticn duct between the vessel and the
model a quickly working magnetié‘ valve as well as an orifice plate were installed. As long as sonic con-
ditions were present at the throat a linear dependence between the mass flow rate and the pressure p, in
the vessel resulted as shown in FiF. 2b. For non-critical conditions at the throat the calibration cﬁrve
is dashed, and for p, = the Tlow Tn the ejection system comes to rest. Before entering the ejection
tube of the model th§ eje“ion flow passed a settling chamber in which the total pressure p,. has been
measured by means of a pitot probe. The operation of the ejection system in relation to the sh‘a‘t running
time of the gun tunnel has been controlled by the computer which is used to run the tunnel. Details may be
taken from G. Stromsdorfer [8]. The measuring time in which a stationary flow in the ejection system has
been present was up to 35 msec.

The contours of the nose region of the blunt body of revolution used in the tests are shown in
Fig. 3. These shapes have been designed by the method of E. Eminton [18] to produce a constant pressure
distribution in two-dimensional flow. These contours have been chosen for the present tests with bodies of
revolution in order to get a gualitative extension of the measurements of L.M. Tucker [16] to hypersonic
flow.

1}

For the experimental investigations two sets of models werz available. One of them was equipped with
pressure holes in the contour in order to measure the surface pressure distribution. In the second set of
models the contour was manufactured as a thin shell which was equipped by a large number of thermo-couples
in order to measure the heat transfer rate by means of the transient thin skin method. Details may be
taken from G. Stromsdorfer (31, [8].

3.3 Calculation of the surface pressure distribution for subsonic blowing with small mass flow rates

Theoretical investigatfons of the flow field for the case of subsonic blowing are due to J.R. Baron,
E. Alzner [19]. The dividing stresm surface is prescribed and the corresponding body shapes are calculated
for different mass flow rates. An extension of this method to include a larger variety of dividing stream
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surfaces with and without angle of attack has been described by Ch. Y. Wang [20]1, [21]. The papers men-
tioned so far describe design procedures. A first attempt to calculate a two-dimensional flow with blowing
for a given geometry at supersonic free-stream is due to W. Wuest [221. The flow field is divided into two
different parts: The flow within the dividing stream surface is considered to be incompressible and out-
side the dividing stream surface as compressible. Both solutions are adapted to each other by variattons
of the shape of the dividing stream surface. This idea seemed to be promising to treat the problem of sub-
sonic blowing against a hypersonic free-ctream in the nose region of a blunt body of revolution. The cor-
responding calculations are due to 6. Stromsdirfer [8].

For hypersonic free-stream Machnumbers the local Machnumbers behind the shock wave ({see Fig. 1) are
small, and therefore as an additional approximation the flow between the shock wave and the dividing
stream surface may be regarded as incompressible. If subsonic blowing with very low Machnumbers is con-
sidered the flow within the dividing stream surface can also be assumed to be incompressible. Thus the
flow in the vicinity of the free stagnation point can be determined from incompressible flow calcutations.
The following procedure has been applied:

i} Calculation of the incompressible flow around the given body of revolution with ejection. The free-
stream Machnumber for this flow should be the Machnumber M, behind the shock wave, but the calculat-
{fons have been carried out approximately for "2 = 0. Resdlts are the shape of the dividing stream
surface as well as the velocity distributions on“the body contour and on the dividing stream surface.

if) The dividing stream surface is regarded to be a fixed wall for which the pressure distribution can be
calculated easily e.g. by means of Newtonian theory.

111) Calculation of the final pressure distribution on the body contour starting from the pressure distri-
bution according to 1i) under the assumption that the shape of the dividing stream surface remains
unchanged.

The calculations of the incompressible flow according to Fig. 4 have been carried out by means of an
extension of the method of K. Jacob [23], in which a distributfon of vortex rings on the body contour is
used. A long tube-like body with the prescribed contoured orifices at both ends has been considered. Due
to the different stagnation temperatures on both sides of the dividing stream surface the density of the
incompressible flow is 5. = p,. It has been shown by W. Wuest [22] that in this case the quantity w./p is
steady at the dividing %treéh surface. The original method of K. Jacob [23] has been modified by G.
Stromsdorfer [8] in such a way that w/p is calculated in the flow field rather than w. Instead of 'jlvz
the momentum coefficient
v, Yo

o = Jd (9)

vp 7oy
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flow by the method of vortex rings

Fig.5: Momentum coefficient ¢, as function
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is the governing parameter, which determines the strengths of the vortex rings. Between the momentum co-
efficient € used in the theory and the mass flow rate coefticient S utilized to order the experimental

data exists'a relation of the form
T.: A
t D
¢, = ¢ [ c-\/T—l . ) (10)
1 I nyT,, Aj

which has been deduced by G. Stromsddrfer (8] for the limit M+ . The result is shown in Fig. 5 and com-
pared to experimental data of C.H.E. Warren [15].

The shape of the dividing Stream surface which turns out from the incompressible flow calculations is
assumed to be the final one, which occurs behind the shock wave. This dividing stream surface nas been
regarded as a fixed wall and the pressure and Machnumber distribution on it has been calculated by Newton-
ian theory.

For the calculation of the final pressure distribution at the body contour in compressible flow the
fact has been used that the system of the 1ines of constant stream density and constant potential in the
flow field is independent of Machnumber if the Machnumbers are low. According to 0. David [24] the
velocity distribution along a potential-line is given by the differential equation

dw dn

—_ (11)
w R{n)

with n as coordinate along t.e potential Tine and R{n} as the curvature radius of the streamlines. Under
the assumption that the curvature

1
K(n) = — (12)
R(n})

is a Tinear function of n, the fntegration of equ. (11) can be carried out exactly. For two points (a) and
(b) on a potential line, having the distance N (arc length) along the potential line the result is for
incompressible flow

[:—:]m= exp[-%(xamb)] (13)
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and for compressible flow yields

exp[--’z‘(Ka#Kb)}
e . (14)

1+152 w2 {1 - exp l-n (k, + Kb)]}

Under the assumption that the net of streamlines and potential lines is independent of Machnumber, the
exponentfal expression in equ. (i4) may be taken from the solution for incompressible flow, equ. {13),
which leads to

o

("b/'a)inc . (15)

Mb =
H; ) /
1+ H-—- 1 Maz {1 - (Wb/vla)z]

To apply equ. (15) one has to locate points of equal potential on the dividing stream surface and on the
body contour in incompressible flow. For known values of w and w, . c from calculation (i) and for
the given value M_ in the point at the dividing stream s&ffawé accor&fﬂé‘ to calculation (ii) the Mach-
number M and cor?espondingly the pressure ratio p/ptz can be calculated for the point at the contour.
Further details may be taken from G. Strimsddrfer (81,

3.4 Experimental results and comparison with theory

For model (1), see Fig. 3a, the pressure distribution is shown in Fig. 6 for various free-stream
Machnumbers M and different mass flow rate coefficients c-.. Simple NewtonTan theory is the limit of the
method according to G. Stroémsdorfer [8] for c. » 0. In This case within the orifice, s/D < 0.1, the
agreement between theory and experiments was expected to be poor because of the overall concave shape of
the body in this region, but for s/D > 0.1 in the outer region of the contour the agreement between theory
and experiment is acceptable for this 1imiting case., For small values of the blowing rate, Ch ”tJ/th =
0.059 and 0.079, the agreement between theory and experiment is good. For n .’Tt./Ttz = 0,113

the differences between theory and experiment increase considerably, "'In J this case the
ejection Machnumber is abcut M, = 0.5 and this means that the assumption of low ejection Machnumbers is no
longer fulfilled. The coincidJnce of the resylts for different free-stream Machnumbers {in the plots of
Fig. 6 indicates that (n '/|tj/1t2 is the governing parameter which {nfluences the pressure distribution.
Similar results are shown in Fig. 7 for model (2). For low values of the parameter
CH 4 tj/ €2 the agreement between theory and experiments is remarkably good.

The results for the heat transfer measurements on model (1) are shown in Fig. 8. A1l heat transfer
rates are based on the largest local value ow without blowing. With” Increasing blowing rate
h '/Tt’htz the heat transfer is considerably reduc ’Spong the whole contour of the blunt body. No local

J heat transfer maxima occur. At M_=10.8 a certain increase of the heat transfer rate is
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observed when the blowing rate goes up from Sh tJ/TtZ = 0.057 to 0.124. This effect might be due to the
fact that the boundary layer becomes turbulent at these relatively high blwing rates.
Similar results have been found for model (2) as shown in Fig. 9. The reduction of the heat transfer rate
is quite remarkable. Some minor differences exist between F_'= 10.8 and M_ = 16.0 since the Reynolds-
numbers were also different.

3.5 Conclusions

The experimental results reported here as well as the related theoretical investigations on subsonic
blowing from a blunt bouy of revolution against a hypersonic free-stream led to the fnllowing conclusions:

1)  The local and the total heat transfer on a blunt body can be reduced considerably by subsonic blowing
of relatively large mass flow rates. This is due to the fact that with increasing blowing rate a
wedge-shaped core of inviscid flow is placed between the free shear layer at the dividing stream sur-
face and the boundary layer at the body nose which blocks the heat transfer.

ii) For high free-stream Machnumbers, M_ + =, the pressure distribution depends on the blowing parameter
c. T TT .

m ' tj t2
111) For the calculation of the pressure distribution a reliable method has been developed by G.

Stromsdorfer [8) in which a combination of Newtonian theory and incompressible flow calculations is
used.
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4. LONGITUDINAL FLOW IN CORNERS OF INTERSECTING WEDGES
4.1 General features of the flow field

Hypersonic flight vehicles are subject to considerable thermal stress due to kinetic heating. High
heat transfer rates are not restricted to the nose region and the wing leading-edges as discussed in
chapter 3, but they occur similarly also in the junctions between wing and body as well as in rectangular
air intakes. The spectacular damages at the X-15 research aircraft are well known.

Measurements of pressure distribution and heat transfer in various corner configurations caused by a
hypersonic longfitudinal flow .have been carried out among others by P.C. Stainmback [26], P.C. Stainback,
L.M. Weinstein [26] and R.A. Jones [27]. The first investigations on the corresponding structure of the
flow field are due to A.F. Charwat, L.G. Redekopp [28] for the supersonic flow in a 90%-corner between two
wedges. The general features of this type of flow are shown schematically in Fig. 10 for the case of a
swept corner configuration. At supersonic free-stream velocity the flow field can k divided in two parts:
In the outer region inviscid flow is predominant. A shock system is formed which consists of the two wedge
shocks, the connecting corner shock, two embedded shocks and two s1ip surfaces. Embedded shocks and slip
surfaces are necessary in order to fulfil the shock relations in the vicinity of the two intersecting
lines between the wedge shocks and the corner shock. The pressure distribution generated by this shock
system has 2 strong influence on the formation of the viscous layer in the corner region. Due to the
embedded shocks flow separations occur in the inward directed viscous flow, which leads to highly
non-uniform distributions of static pressure and local heat transfer rate along the walls. In hypersonic
flow the shock system is located close to the configuration and a strong interference between the boundary
layer flow and the outer shock system takes place.

Further experimental investigations of the flow field in 90%-corners have been carried out at M, = 19
and 20 Ly ’.w. Keyoz, R.D. Watson [29], R.D. Watson, L.M. Weinstein [30] and R.D. Watson [31], whereas
J.E. West, R.H. Korkegi (32] analysed mainly the inviscid outer flow regime at supersonic speeds.
Measurements at 60°- and 90°-corners at M = 11 are due to R.J. Cresci, 5.G. Rubin, C.T. Nardo [33]. An
unsymmetric configuration with the combifation of a flat plate and a wedge has heen investigated at
M = 12.5 by J.R. Cooper, W.L. Hankey [341. In this case a shock system withcut corner shock has been
oBserved. Similar results have been obtained by H.-J. Schepers [35] for a plate/wedge combination at
M = 8.8, Summaries of the existing knowledge on the three-dimensional flow separatfons in axfal corners
afe due to R.H. Korkegt [36] and D.J. Peake, M. Tobak, R.H. Korkegi [37].

At the Institut fir Stromungsmechanik of TU Braunschweig in 1972 a long-term program on hypersonic
flow in axial corners has been started. The first investigations were concerned with symmetric corners
between unswept wedges. Wedge angle, corner angle and free-stream Machnumber were varied systematically.
The results have been published by K. Kipke, D. Hummel [9]. Later this program has been extended to
include also a systematic variation of the sweep angle for symmetric corners of intersecting wedges with
different corner angies. These investigations are due to W. Mollenst¥dt [17-137. Some of these results are
summarized subsequently.

4.2 Experimental proyram

The measurements have been carried out in the gun tunnel of the Institut fir Strdmungsmechanik of TU
Braunschweig, see chapter 2. All runs of the tunnel have been performed for stagnation pressures of 150
bar. The free-stream Machnumber has been varied between M = 12.3 and M = 16.0 and the corresponding
Reynoldnumbers, based on the model length 1, were Re, = 5,105 and Re, = 17 . 10S.

A11 corner configurations investigated so far wére symmetrical with respect to the plane through the
apex and the (9/2)-1ine, see Fig. 10. The corner angles were g = 60°, 90° and 120°, the wedge ang). s aor-
mal to the leading-edges ¢ = 6.3°, 8.0° and 10.0°, and the sweep angles of the leading-edges ¢ = - 50°,
0°, 15°, 30°, 45° and 60°. In part I of the program corners between unswept wedges have been considered
and the varied parameters were the Machnumber as well as the wedge angle and the corner angle. In part II
corners between swept wedges were investigated and the varied parameter was the sweep angle at constant
wedge angle and constant Machnumber. The dimensions of all models were 1 = 100 mm in free-stream direction
and b = 50 mm perpendicular to it.

The test program for both parts of the fnvestigations may be taken from Tab.2. Pitot pressure
measurements have been carried out in a plane normal to the free-stream close to the mode! end at x =
0.9.1. In order to check the conicalness of the flow field some measurements have also been performed at
x = 0.4.1 and x = C.6-1. Four pitot probes with an outer diameter of 1 mm have been traverseo

Tab.2: Test program for the measurements in correr configurations

Portl Corners between PortIl- Corners between swept
unswept wedges wedges (W. Mcllenstadt(12])
(K Kipke, D Hummel(9])
Mo 123 60 Moo 123
[ 63°18.0°|6 3°|80°100°) [ 80°
60° cle|e]e o 30° 0°|15°] 30° .5° 60°
6190°(e eleele 60° ocjlolelelo
20 e [e o e e 0/90°(@e[e [ejefe]e
120°] [ ol e

o heot flux. oil fiow pictures
® pitot pressure (flow fieid]. wall pressure, heat flux, oil flow pictures
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d) Flow direction at the wall (reduced
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simultaneously in an area of size 30 mm x 30 mm. About 800 runs of (he tunnel were necessary to anaiyse
all details of one flow field. The wall pressure and heat transfer measurements have been carried out in a
section at x = 0.9-1. The heat transfer rates were determined by means of the transient thin skin
technique as described by D. L. Schultz, T. V., Jones [ 38 and G. Striomsddrfer [3]. The measuring device
which contained 11 thermo-couples could be adjusted in different positions in the surface of the corner
models in order to achieve a dense distribution of measuring points within the section under
consideration.

For the visualization of the flow at the wall an oil-dot technique has been applied. For this purpose
a fluid had to be found with relatively low values of viscosiiy, whicn does not vaprrive under vacuum
condition of 0.5 mm Hg pressure and which leads to a distinct displacement of the droplets within the very
short running time of 100 msec. Initially vacuum oil was used for this purpose, see K. Kipke, D, Hummel
[9]. Later W. Mdllenstd¥dt [4] detected a well suited combination of an especially prepared model surface
by means of an adhesive film and droplets of dibutylester (C.H 20‘) supnlied with a red-colnured nowder ~¥
formaldahyd-resin. During the tests the shear stracs ar*é g» the droplets and leads to considerable
deformations. Local fiow directions and qualitative values for the shear stress can easily be evaluated
from deformed droplets after the run of the tunnel.
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4.3 Results
4.3.1 Basic properties of the flow in a 90°-corner

General features of the flow field in a 90°-corner may be taken from Fig. 11, which shows the results
for a -30° (forward) swept configuration. The pitot pressure isobars in tﬁ'e! measuring plane are drawn in
Fig. 1lla. Since the flow field is symmetric with rccepect to the (6/2)-line the upper part of the diagram
shows the measurements and in the lower part the interpretation is civen. In the corner region the system
of wedge shock, corner shock, secondary or embedded shock and slip surface can be detected. The shocks are
characterized by a steep increase of the pitot pressure, which is strongest for the corner shock. Behind
the shocks pitot pressure plateaus at different levels are present. For the measured shock positions the
strengths of all shocks can be calculated from the shock relations and the corresponding pitot pressure
plateau values are in good agreement with the measured ones. The shocks interfere along the line between
the wedge shock ane the corner shock which is marked in the measuring plane by the triple point Tr. Due to
the different pitot pressure levels on both sides the slip surface is also characterized by a pitot
pressure jump. The slip surface divides the flow through the corner shock from that through the wedge
shock which crosses also the embedded shock. On hoth sides of the slip surface _ie same static piessnre 1s
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present, but different velocities tangential to the slip surface as well as different pitot pressures and
therefore different values of the entropy exist. According to Crocco's theorem the slip surface is a
vortex sheet. The slip surfaces from both sides tend to meet at the plane of symmetry. Therefore the flow
through the corner shock does not reach the inner part of the corner flow field. 7re flow behind the
embedded shock and in front of the slip suface is not yet parallel to the wall. The corresponding changes
in the flow direction towards the corner center is achieved by passing some expansion and compression
regions as indicated in Fig. 1la. Finally in the corner center very Ligh pitot pressures have been found,
but the peak values in the hatched regions of the fiow field could not be determined due to limitations of
the available pressure transducers.

Underneath the wedge shock a decrease of the pitot pressure towards the wall is observed. The onset
of the pitot pressure reduction marks the outer edge of the boundary layer. In conical coordinatec the
flow within the boundary layer is directed inwards. At 2 = 0,1 oval isobars show a relative pitot pressure
minimum, which has been interpreted by K. Kipke, D. Hummel {9] as a total pressure i0ss due to a vortex in
the viscous layer. The corresponding flow separation is caused by the pressure rise due to the embedded
shock and 1t occurs already far upstream at S1 and the corresponding reattachment line lies at Rl'

The measured pressure distribution at the wall is shown in Fig. 11b, Its slope is similar to that in
two-dimensional flow underneath a shock impinging on a boundary layer as described e.g. by L. Lees,
B. L. Reeves [39]). According to [39] the separation takes place at S, far upstream of the point of
impingement (1. plateau) and increases downstream to the value at reatthchment R (2. plateau). In the
present situation this scheme 1s modified by the strong vortex in three-dimension}l flow, which produces
additional negative static pressures at the wall. Underneath the primary vortex a posftive pressure
gradient in Y-direction {s present which leads to a secondary separation at 52 and corresponding
reattachment at RZ'

The positions of separation and reattachment lines have been taken from oil flow pictures. A
quantitative evaluation is shown in Fig. 11d. The angle ¥ between the wall streamlines and the conical
direction s plotted against the coordinate V. Positiv values of v indicate a flow towards the corner
center whereas negative values belong to a flow directed outwards. The effect of the second wedge on the
flow at the wedge under consideration starts at the conical line A at ¥ = 0.7 which may be regarded as an
influence border, which is Tocated far more outwards than e. g. the second wedge shock. Fig. 11d indicates
that the flow in the corner region converges at the separation lines S, and 52 and diverges at the
reattachment lines R1 and R,. At these lines the flow follows the conical iines at“y = 0. Between S, and
R, a primary vortex “is fonﬁed and between S, and R, a smaller secondary vortex is present als ske{ched
séhematica”y in Fig. 1la. This kind of vortex forﬁation is well known from delta wings with subsonic
leading-edges, see e, g. D. Hummel [40). Due to the strong primary vortex a large portion of the viscous
layer finally moves outwards and does not reach the corner center. Correspondingly the viscous layer
becomes very thin close to the corner center. This means that in the region of R, high energy inviscid
flow comes very close to the corner center and causes very high wall pressures afd heat transfer rates
there.

The measured heat transfer rates are plotted in Fig. 1lc. It turns out that in the region of the
reattachment line R, the heat transfer rate is 7 times as large as on an unswept wedge. A second, relative
heat transfer maxim&m {s found in the vicinity of the reattachment line R, of the secondary vortex. This
correlation between the reattachement lines and the heat transfer maxima ﬁas also been observed by R. D.
Watson (31]), J. R. Cooper, W. L. Hankey [34], J. W. Keyes, R. D. Watson ([29] and R. D. Watson,
L. M. Weinstein [30].

4.3,2 Effect of leading-edge sweep

The Figs. 11 to 14 show a series of experimental results in which the leading-edge sweep angle 4 has
been varied between ¢ = -30° and ¢4 = +60°. With increasing sweep angle 4 the pitot pressure level in the
corner region reduces, all shocks are weakened and the whole shock system moves slightly inboard as
indicated by the gartia! diagrams a) in Figs. 11 to 14. For unswept wedges, Fig. 12a, the wedge shock is
parailel to the V-axis. However, for swept wedges, Figs. 1la, 13a, 14a, the wedge shock is inclined
against the Y-axis since the distance of the wedge shock from the wedge changes in V-direction due to the
increased or reduced distance between the leading-edge and the measuring plane depending on the sweep
angle. With increasing sweep angle the slip surfaces meet closer to the corner center and the embedded
shock impinges more and more normally on the viscous layer.

According to the partial diagrams b) in Figs. 11 to 14 for small sweep angles l#] s 30° the maximum
wall pressure in the corner reaches about 4 times the swept wedge value. The maximum wall pressure
decreases considerably with increasing sweep angle 4 and the width of the corresponding plateau is also
reduced.

The partial diagrams c) 1n Figs. 11 to 14 show that the maximum heat flux in the vicinity of the
reattachment line R1 1s highest for unswept corners, for which the maximum heat transfer rate is 10 times
as large as for the unswept wedge. With increasing sweep angle ¢ the maximum Toral heat transfer rate is
considerably reduced.

According to the gartial diagrams d) in Figs. 11 to 14 the influence border A {is located at its
outermost position at > 0.7 for unswept wedges. The corner shock system is located at ¥ < 0.2, This
means that the interference effects between the two wedges extend through the subsonic boundary layer
further outwards than the direct effect of the supersonic shock system. With increasing sweep angle 4 the
corner effect reduces considerably and the influence border moves inwards. Correspondingly the strengths
of the primary vortices and of the secondary vortices within the viscous layer are reduced and for large
sweep angles, Fig. 14d, the secondary separation disappears. The whole vortex system moves inwards with
increasing sweep angle 4.
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4.3.3 Effect of corner angle

In part 1 of the test program according to Tab. 2 the corner angle g has been varied systematically
between 6 = 60° and ¢ = 120° for corners between unswept wedges. The results have been published by K.
Kipke, D. Hummel [9]. In the course of the investigations of W. Millenstddt [12] the corner angle ¢ has
also been varied for corners between swept wedges. Examples of this kind are shown in Figs. 15 to 17 and
discussed subsequently.

The partial diagrams a) indicate that the pitot pressure level in the corner region is considerably
reduced for increasing corner angle o. The shock system moves {nboard and all shocks weaken. The
impingement angle between the embedded shock and the outer edge of the viscous layer is very flat for
o = 60°, but its value increases rapidly with increasing corner angle.

According to the partial diagrams b) in Figs. 15 to 17, at small corner angles a plateau of high wall
pressures in the inner part of the corner exists. With increasing corner angle o this pressure plateau
disappears and the maximum wall pressure values are considerably reduced. This means that the pressure
gradients are smaller and therefore the flow separations are weakened. The partial diagrams d) in Figs. 15
to 17 indicate weaker flow separations with increasing corner angle, and for o =120° the secondary
separation disappears at all. Corresponding to the inboard movement of the shock system with increasing
corner angle the corner effects in the viscous layer decrease considerably in width. The influence border
A as well fs the separation iines Sl’ SZ and the reattachment lines Rl' R2 move inwards with increasing
corner angle.
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The partial diagrams c) in Figs. 15 to 17 show the effect of the corner angle on the heat transfer
rates. Since the position of maximum heat flux is correlated with the reattachment line R,, the region of
max;'mum heat transfer moves inboard and the maximum values are reduced considerably with ﬂhcreasing corner
angle.

4.3.4 Reduction of maximum values for wall pressures and heat transfer

In the crurse of the experimental investigations of K. Kipke, D. Hummel (9] and W. Mollenstadt [12]
reductions of the maximm values for static wall pressure and heat transfer rate due to varfations of
corner angle © and of leading-edge sweep 4 have been found. The possible reductions of these maximum
values by variations of the two governing parameters are summarized subsequently.

Fig. 18 shows a schematic diagram of the pressure distribution along the wall in a corner
configuration. The maximum value in the corner center is p and far away from the corner the undisturbed
value for the swept wedge is reached. In the lower parf% Fig. 18 the wall pressures are based on the
wall pressure of an unswept wedge . In order to be able to show the results in this manner, some
additional pressure measurements on t and unswept wedges far away from the corner have been carried
out. The measured pressure ratio pa‘/ is plotted as a function of the sweep angle ¢. The well known
reduction of with increasing ¢ .5\9"0“. The ratio py/ has also been calculated from the shock
relations usixu the measured shock positions. The ag t the directly measured data is good. The
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lower diarvam in Fig. 18 shows the maximum wall pressure p__ / Py 3 functions of the sweep argle ¢ for
different corner angles 6. Both parameters have a big infili8fice."Me nighest values are found for unswept
wedges, ¢ = 0°, and with increasing sweep angle a considerable reduction is achieved. On the other hand
the maximum wall pressure increases very much with decie.sing corner angle 6. In an unswept 90°-corner
P is 4 times as high as in a 60°swept 90°-corner. If the corner angle is reduced from 90° to 60° the
u@ﬂées have to be 45°swept to obtain the same maximum wall pressure as in the unswept 90°-corner. Small
values of the maximum wall pressure are achieved for combinations of high sweep angles and large corner
angles.

Finally Fig. 19 shows the maximum heat transfer rate as functions of the sweep angle ¢ for different
corner angles 6. In the diagram the maximum heat transfer rate is based on the value for an unswept wedge.
Measurements for swept wedges in the absence of a corner are not available. The maximum heat transfer rate
decreases with increasing sweep angle and it increases with decreasing corner angle. In an unswept
60°-corner the maximum heat transfer rate is 14 times as high as for an unswept wedge. For 90°-corners the
maximum heat transfer rate can be reduced to about 40% by applying a sweep angle of ¢ = 60°. If the corner
angle is reduced from 90° to 60° the wedges have to be 45°-swept to obtain the same maximum heat transfer
rate as in the unswept 90°-corner. Small values of the maximum heat transfer rate are achieved for
combinations of high sweep angles and large corner angles.

4.4 Conclusions

The results of a long-term program on the axial flow in corner configurations according to K. Kipke,
0. Hummel [9) and W. Mdlleastidt [12] have been summarized., The investigations have been carried out in
the gun tunnel of the Institut fiir Stromung hantk at TU Br hweig, The corner models were composed
of two intersecting wedges with wedge angles ¢ = 6.3°, 8.0° and 10.0°. The corner angles 6 = 60°, 90° and
120° have been investigated in combination with leading-edge sweep angles ¢ = -30°, 0°, 15°, 30°, 45° and
60°. T7he frees-stream Machnumbers were M_ = 12.3 and 16.0 corresponding to Reynoldsnumbers Reh = 5. 10°%
and 1,7 + 10 >,

The conical interference flow has been investigated in one cross-section normal to the free-stream
direction on each model. Pitot pressure measurements in the flow field show the position of the shock
system, consisting of corner, wedge and embedded shocks and slip surfaces. With increasing leading-edge
sweep and increasing corner angle, a displacement of the shock system towards the center of the corner,
accompanied by a strong reduction of the pitot pressure level, was found. The flow structure near the wall
was determined from oil flow pictures, wall pressures and the pitot pressure measurements. Within the vis-
cous layer s.rong vortex flows have been observed, which are close to the center of the corner and consist
of primary and secondary vortices, whose intensities decrease with increasing corner angle and with in-
creasing leading-edge sweep. The highest static wall pressure occurs {n the vicinity of the reattachment
line of the primary vortex, Its value decreases with increasing corner angle @ and with increasing sweep
angle ¢. The maximum value of the heat flux at the wall was also found at this reattachment line. For an
unswept 90°-corner its value is about 10 times as high as the heat flux on an unswept wedge. This high
:ea: flux caﬁn be considerably reduced by increasing the corner angle © and by sweeping the leading edges
ack to ¢ = 60°,
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DRIVING MECHANISM OF UNSTEADY SEPARATION SHOCK MOTION TN HYPERSONIC INTERACTIVE FLOW

D. S. Dolling and J. C, Narlo Il
Department of Aercspace Engineering and Engineering Mechanics
The University of Texas at Austin, Austin, Texas 78712

SUMMARY

Wall pressure fluctuations have been measured under the unsteady separation shock wave in Mach 5 tur-
bulent interactions induced by unswept circular cylinders on a flat plate. The wall temperature was adia-
betic. A conditional sampling aigorithm has been developed to examine the statisics of the shock wave
motion. The same algorithm has been used to examine data taken in earlier stu'ies in the Princeton
University Mach 3 blowdown tunne'., In tnese earlier studies, hemicylindrically blunted fins of different
leading-edge diameters were tested in loundary layers which developed on the tunnel floor and con a flat
plate. A description of the algorithm, the reascns why it was developed and the sensitivity of the re-
sults to the threshold settings, are discussed. The results from the algorithm, together with cross cor-
relations and power spectral density estimates suggests that the shock motion 1is driven by the low-
frequency unsteadiness of the downstream separated, vortical flow.

1. INTRODUCTION

Since the early 1950's, it has been known that shock-induced turbulent boundary-layer separation is a
highly unsteady process. In early work on step-induced interactions [1], and in later studies employing
many different model geometrir- [2], the unsteadiness was evident from randomly shot sequences of micro-
second spark shadow and schld:ren photographs, ot from high-speed cinema records, Although such optical
methods readily reveal unsteadiness, the results are diffi~ult to interpret even for two-dimensional
flows. This fa because the photograph represents the integration of the light beam across a spanwise
rippling shock structure. Consequently, other than providing estimates of the shock motion length scale,
little quantitative information has been obtained from them.

Kistler, in 1964, was probably the first to make quantitative measurements and to document the char-
acter of the wall pressure signal, Pw(t) , near sepsration [3]. Kistler's tests were made using piezo-
electric transducers in forward-facing step flows a. Mach numbers of 3 and 4.5 . A typical pressure
signal, which has all of the features observed by Ki:tler but from the present study (a separated flow
induced by a circular cylinder), 1s shown in Figure 1. The moving separation shock generates an inter-
mitteut wall pressure signal whose level fluctuates between that characteristic of the undisturbed incem-
ing boundary layer and that downstream of the shock wave. Since Kistler's work, pressure signals such as
these have been measured in & wide variety of interactive flows at speeds from transonic to hypersonic
(t.e., Refs. 4-14). They sll show qualitatively similar results. Much of the early work [4-7] was moti-
vated by the need for engineering estimates of the fluctuating pressure fi-1d around high-speed vehicles.
More recently, the resurgence of interest in the unsteadiness has been motivated largely by the realiza-
tion that physically accurate interpretations of mean flow data and an understanding of the flow field
wmechanisms requires a knowledge of the flow dynamics. In most of these more recent studies, the emphasis
has been on the separation process [8-14].

One of the most fundamental questions about this unsteadiness is that of the driving mechanism behind
it. Andreopoulos and Muck have recently addressed this question [14]. In their experimental study, Pw(t)
was measured at several stations in the intermittent region ia three, nominally 2-D, compression ramp
flows in a high Reynolds number Mach 3 airflow., Of the three flows, two were separated, and the other was
in a condition of incipient separation. The pressure signals were analyzed using a conditional sampling
algorithm. In this algorithm, the measured pressure signal is converted into a square wave of amplitude
unity and varying frequency (Fig. 2). The time T1 between consecutive passages of the shock wave over

the transducer can then be determined, and the probability distribution for T1 can be constructed. The
distribution is highly skewed with the mean period, Tm ,» significantly larger than the most probable per-
ifod, T [l4).

P

Andreopoulos and Muck found that Tm was approximately 7.75°/Uc, vwhere L% and U_ are the undis-
turbed boundary layer thickness and freestream velocity, respectively. Further, Tm was independent of

both position in the intermittent region and rawp angle (i.e., independent of shock strength and, hence,
apparently independent of downstream flow conditions). The mean shock frequency, fm , (;lle) was equal

to 0.13“_/50. which Andreopoulcs and Muck point out 1is the same order as the estimated bursting frequency

of the incoming turbulent boundary layer. This apparent correlation with th~ bursting frequency and the
independence of fm on the downstream flow field led these investigators to conclude that the “incoming

boundary layer is the most likely cause triggering the shock wave oscillation™ [14].

This conclusion does not fully explain certain features of the shock motion. First, with fixed free-
stream conditions and fixed 50 , it 18 known that the streamwise length scale of the separation shock
motion, Ls , depends on the particular flow field under study. For example, in hemicylindrically blunted
fin flows, L! is of order D , where D 13 the fin .eading-edge diameter [15]. Hence, LB can vary from
a fraction of Go to several 60 depending on D . If the shock wsse was convected by turbulent bursts,
Ls might be expected to remain constant for fixed incoming conditions. Of course, it 15 possible that

different driving mechanisms exist in different flowr, but the commonality of rms distributions, ampli-
rude probability densities, power spectral density estimates and many other global and detailed features
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suggests a common origin. Seconl, careful examination of the conditional sampling algorithm of refereuce
14 by the current authors has suggested that a large number of "false" shocks were counted which signifi-
cantly increases fm . This will be elaborated on in sections 3.2 and 3.3.

These observations led to the ~urrent investigation, the first results of which are presented in thisg
paper. The study consists of two parts:

(1) a series of tests has been made of the separation shock-induced pressure fluctuations In
interactions induced by circular cylinders in the Mach 5 blowdown tunnel of The Universi-
ty of Texas at Austin. Details of the experiment are given in section 2. The data have
been analyzed using a new conditlonal sampling algorithm designed to avold the problem
mentioned above,

(11) wall-pressure fluctuation data taken in hemicylindrically blunt fin-‘nduced interactions
at Mach 3 have been re~examined using the new algorfthm. These data were taken by the
firsc author in the 20 cm, x 20 cm. (8in. x 8in.) Mach 3 blowdown tunnel of the Gas
Dynamica Laboratory of Princeton University. Mean wall pressures, distributions of the
rms of the fluctuations and some spectral analysis have been reported in Reference 8. A
description of the facility and models, the instrumentation, and data acquisition tech-
niques are also given in Reference 8. In summary, fins with D = 1.27 em (0.5 in.) and
2.54 cm (1.0 1in.) were tested in incoming turbulent boundary layers with thicknesses
ranging from 0.3 cm. to i.6 cm, The pressure signal was digitized at rates from 20-400
kHz. Up to 72 data records (1024 points per record) were taken at each station.

In this paper, the new experimental study and some of the results from it are described first. The
results from applying the same algorithm to the earlier data are then presented and compared with the new
findings.

2. EXPERIMENTAL PROGRAM

2,1 Mode's and Test Facility

The tests were conducted in the Mach 5 blowdown facility of The University of Texas at Austin.
This facility has a 17.8 cm. x 15,2 em. (7 x 6 inch) test section., All the tests were conducted on a
full-span flat plate, 43.7 cm. (18 in.) long, mounted at zero angle-of-attack. 7Two miniature Kulite pres-
sure transducers were installed upstream of an unswept cylinder which was approximately 33 cm. (13 in.)
downstream of the test surface leading edge. The transducers were mounted flush in a 7.6 cm. 3 in,) di-
ameter circular plug which was mounted flush with the surface of the flat plate. The circular plug could
be rotated so the transducers could be aligned streamwise or spanwlse to the freestream flow,

Cylinders with diameters of 1.27 cm. (0.5 in.) and 1.90 cm. (0.75 in.) with heights of 5.08 cm. (2.0
in.) and 7.62 em. (3.0 1in.), respectively, were used. Based on the criterion of Reference 16, their
heights were effectively semi~infinite. The cylinder was moved relative to the transducers. Over the
range of travel (at waximum 2,56 cm.), the change in incoming flow conditions had a negligible effect on
the interaction properties.

2.2 Insgtrumentation

The pressure transducers, Kulite model XCQ~062-1°A, were 0.29 cm. (0.115) inches center-to-
center. This was the closest spacing possible due to physical limitations. The transducers have external
diagmeters of 0.162 cm. (0 064 in.) with a pressure-sensitive diaphragm 0.071 cm. (0.028 in,) in diameter.
The natural frequency is quoted as 250 kHz by the manufacturer. Full-scale output is nominally 225 mv
for 15 psi giving a sensitivity of 15 mv/psi. The transducers were calibrated statically, since shock
tube tests with similar designs have shown that dynaric calfbrations are only a few percent lower than
those obtained statically{l7]. The combined non-linearity and hysteresis are quoted as 0.5% full scale
with repeatability of 0.1Z full scale.

The out -ut from the transducers was amplified by a PARC, Model 113, amplifier giving & signal in the
range 0-10 volts. The signal was then low~pass filtered using an Ithaco filter, Model 4213, with the
cut-off set to either one-half the sampling rate or, for sampling rates greater than 100 kHz, it was set
at 50 kHz. This was because the dynamic response of rhe pressure transducers is limited to approxima-ely
50 kHz. The signal was digitf{zed by a 12-bit A/D converter which outputs 0 to 4096 counts for inputs
of 0 to 10 velta. Noise on the system was *2 counts which resulted in an overall resolution of
+0.005 psi. Additional details concerning the instrumentation are given in Reference 18.

2.3 Flow Conditions

The freestresm and incoming turbulenmt boundary-layer properties are given in Table | and Figure
3 which show the mean velocity profile, plotted in wall coordinates. The boundary layer deveisped natur—
ally on the upper surface of the flat plate. No trips were used. The measurements match the combined
wall-wake law well. The skin friction coefficient deduced from the curve fit ig within 10% of that pre-
dicted using the van Driest TI method.

2.4 Test 3 chnique

First, the intermittent region was mapped out for each cylinder. The sampling rate used was
250 kHz and at each station 70 records were taken on each channel (1 record = 1024 data points)., Sev-
eral stations we "¢ then selected for further detailed analysis. At these positions, the number of records
taken was increased to 400 (the limit of the data acquisitfion system) and the sampling rate was reduced
to 100 kHz.
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TABLE |, Freestream and Boundary Layer Properties
Freestream Mach Number, M, 4,96 + .02
Freestream Velocity, U, 741 m/s 2430 ft/s
Freestrean Reynolds Number, R, 55 * 10 © o™l 16.8 * 10° £c7!
Stagnation Pressure, Po 2.09 x 106 N/mz *1Z 303 psia
Stagnation Temperature, To 327 K 212 590°R

-

3. RESULTS AND DISCUSSION

3.1 Conditional Sampling Analysis

The main thrust of the present work was to determine the frequency distribution of the shock
wave motion using a conditiocnal sampling technique. This technique transforms the pressure signal into a
box-car function which is then analyzed statictically. The technique employs upper and lower thresholds
to distinguish between those pressure fluctuations induced by the shock and those characteristic of the
turbulent boundary layer both upstream and downstream of the shock. Before the results are presented, the
algorithm itself is discussed since understanding its operation is crucial for appraising the results in
section 4.

3.2  Upper Threshold Calculation

Transformation of the pressure signal into a box-car function requires careful thought. An obvicus
requirement ig that shock waves in the original signal must also exist in the trausformed signal. Since
the original signal is that of a turbulent flow, precautions must be taken to ensure that turbulent fluc-
tuations are not Inadvertently counted as shock waves.

In earlier work, pressure signals were simply "eyeballed," and a threshold pressure was selected as
the level just above rhe largest pressure fluctuations characteristic of the boundary layer [9,14). Eye-
balling the signal separately at all stations helps avoid problems due to d.c. offsets and drift, but is
highly subjective and it is difficult to be consistent from station to station. To avoid such problems, a
systematic technique for calculating the threshold level(s) has been developed.

The first step is to calculate the mean pressure, Pm, cf that fraction of the signal corresponding to

the undisturbed boundary layer for signals in the intermittent region. Only a brief explanation of the
method 1s given below, The detailed programming is given in Refereunce 18. First, the minimum pregsure in
each record was determined and the average for N records was calculated to give P . Once Pmin was

calculated, a "window" of width 0.0l psi was stepped upwards through the signal in Ti:rEEEHts of 0.005
psl, starting at ﬁmin' At each step, the number of data points within the window was counted. The win-
dow position at which the greatest number of data points occurs brackets Pm. This 1s because the bound-
ary-layer pregsure fluctuations are distributed normally and the probability is a maximum at the mean
value. Figure 4 {llustrates this process,

Once Pm was obtained, the standard deviation, Up , of the pressure fluctuations iu the boundary
layer was calculated since this is needed for setting the upper threshold level, T2 . Since these fluc-
tuations have a Gaussian distribution, the probability of finding points at any chosen values above or
below Pm can be defined once O is known. A value of Pm + 4.50 was chosen for T2 , since the
probability of finding points greater than A.SGP above the mean is 0.0000068 (i.e., chances of | in
147,000). Hence, pressures above Tz are characteristic of the flow downstream of the shock wave, and
, are characteristic of the undisturbed boundary layer. This approach sets TZ consia-
tently just above the largest pressure fluctuations of the boundary layer, and automatically takes care of
any small d.c. offsets or drift on the signal from run to run. The process is automated and requires no
subjective input from the user.

pressures below T

3.3 Transformation of the signal

Once T2 {8 calculated, the signal can be transformed into a box-car function. Two methods were ex-

amined. The first was a single threshold method similar to that of Reference l4. Data points are checked
sequentialiy and the passage of a shock over the transducer in the upstream direction is considered to
have occurred if the first point is below ‘l‘2 and the second 1is above it. Termination of the shock occurs

when this criterion is reversed., The problem with this simple approach is that the resulting box-car does
not accurately reflect the original signal.

Close examination of the box-car shows that many "false shock waves" can occur with this algorithm.
Figure 5 (resketched from data presented in Ref. 14) shows the incluesion of four shock waves, labeled A,
B, C and D, that are not in the original record. The "false shocks" are actually turbulent fluctuations
and occur at high frequency. The inclusion of these waves in the box-car drives the mean frequency higher
and alters the shape of the probability distribution. Examination of many cases shows that no matter what
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threshol? ':-.l is chosen, turbulent fluctuations such as those labeled A and B will inadvertently create
“falge shock waves,”

The second method used fur all of the results presented in this paper uses 2 thresholds. The upper

one is given by T, = Pul + 4.50p and the lower oue by T = Pm. Tl is used so that the small amplitude

2 1
pressure fluctuations present on the signal are not counted as shock waves, The detailed programeing is
also given in Reference 18, A brief discussion of how it works is as follows. Initially, a "toggle" that
determines if a data point has a lower value than TZ is set to an "off" state. The algorithm then checks
successive data points. If the first point is less than 'l‘2 and the second point is greater than Tz and
the “toggle" 1is "off," this marks the start of the passage of a shock wave. This event initializes the
process that detervines the tilme between successive shock waves. The "toggle” is then set "on," and fur-
ther crossings of Tz are not counted until a data point has a value below Tl. Termination of the shock

wave occurs when this happens, and the "toggle" is then reset to "off." This process largely eliminates
the counting of turbulent fluctuations as shock waves.

However, this algorithm introduces a new problem. If in between two very clesely spaced sghock pas-
sages, Pv(t) does not fall below Pm before increasing again, the toggle is not reset and what is in re-

ality two shock passages 1is only counted as onme. As might be expected, at low intermittency, Y , when
significant time spans of undisturbed boundary-layer flow exist between successive shock passages, this is
not a problem, but at moderate to large vy 1t is more severe. To examine thig problem, a gensitivity
anaiysis wes made in which the effects on fm of varying Tl and T2 were investigated.

The results at low and mid-range vy are shown in Figures 6a and 6b, respectively. The parameter
plotted on the horizontal axis is n , where n 1{s given in the expression T2 - Pm + nup. Careful exam-
ination of the results shows that different problems occur with different pairs of Tl and Tz. Because of
space constraints, only the more salient results and conclusions are listed below. The reader is referred
to Reference 19 for details. For a fixed T2 N fm increases as Tl increases because Pu(t) novw has to
drop below a progressively higher pressure level for the toggle to be reset. However, when ’l‘1 - TZ' the
method becomes a single threshold technique and the same problems as discussed earlier occur. With ‘rl
equal to Pm + Bap, then Pw(t) must just fall with the range of the boundary-layer fluctuations for the

toggle to be reset. However, for this setting of T., T2 must be set significantly higher to avoid shock-

1
induced turbulent fluctuations (occurring as {t moves downstream over the transducer) irom being counted
as shocks. Setting T2 =P + 6cp or above provides the necessary discrimination, and fm is then rela-
tively insensitive to increases in T2.

In conclusion, although different combinations of Tl and T2 can be justified physically and argued
for on rational grounds, any particular pair lacks discrimination with respect to turbulent fluctuations
generated either upstream or downstream of the shock wave. This mesns that the mean shock frequency can~
not be pinpointed with precision. However, it can be bracketed within a fairly narrow range. The bound-

aries of this range are essentially given by the cases 'l‘l - Pm . T7 = Pm + A.SOP {this results in the

lower boundary since Pw(t) must fall below P~ to reset the toggle) and T, = B+ 309 s Ty =B 6qp
(for which the toggle is reset when Pw falls below the upper pressure level typical of the undisturbed

boundary layer). As expected, the variation in fm between these boundaries is small for lew y. (Figure

6a, for vy = 0.2, shows a variation from 0.55-0.65 kHz.)} At higher <Y (Fig. 6b), the varistion is larger
(1.2-1.5 kHz). However, the bounds of this range, as discussed later, do not overlap the ranges of other
characteristic flow frequencies such that the lack of precision in specifying f  does not lead to ambi-
guities in drawing conclusions. ©

4, DISCUSSION OF RESULTS

4.1 Incoming Boundary-layer Properties

In a Mach 5, (740 m/s) Smm thick, turbulent boundary layer, pressure fluctuations at frequencies
as high as reveral hundreds of kilohertz are to be expected. The transducers used cannot resolve such
high frequencles for several reasons. First, the finite size of the transducer limits the resolution cf
the high-frequency components of the signal. Schewe [20] has studied this problem and, from careful mea-
surements and correlations of incompressible and subsonic data, shown that o normalised by the free-

stream dynamic pressure q_ is a function of the ncrmalised transducer diameter, d‘(d‘ H duT/V). The
"ideal” transducer has d° = 20. Under the present flow conditions and using the smallest available trans-
ducer, the value of a* wag approximately 770, Extrapolation of Shewe's results suggestas that the mea-
sured o /q_ will be about 40-302 of that of the "ideal" transducer. The current result (op/q,;7.7 x 10-6)
is shown correlated with data from other studies in Figure 7. The value is about 60X of that predicted by
the semi-empirical correlation of Lowson (21) and about 30% of that predicted by Laganelli et al, [22).

Second, the usable frequency range is limited by the natural frequency of the diaphregm and the ef-
fects of the protective acreen. Tests have shown that beyond 45-50 kHe the response 18 no longer flat and
tesonance effects become significant. The power spectrum in the linear-log form G(f)*f/c® vs f, vhere

G(f) 1is the power levei and f {s the frequency, 1s shown in Figure 8. There are two points worthy of
note. First, there 1s little low-frequency contsmination by tunnel noise, so the latter does not




contribute significantly to the overall qp- Second, as expected, the energy level increases with increas-

ing f . There is some suggestion of a plateau and subsequent roll-off around 40-50 kHz, but this is
probably due to transducer limitations. Future tests with a new transducer with frequency respcnse up to
300 kHz will resolve this.

The cross-correlation RPP(E.I) of the two signals (transducers streamwise) for -50us £ 1 £ + 50us)

is shown in Figure 9. it is evident that, in this boundary layer and with this spacing, a sampling rate of

250kHz does not adequately resolve Rppmax' The maximum value of the correlation is bracketed between =4

and 8us. These correspond to broad-band convection velocities of 370 and 730 m/s, respectively. A simple

linear extrapolation between adjacent data points, as indicated by the hatched lines gives Rppmax = .84

at 1 = 5,9us, corresponding to a broad-band convection velocity of 496 m/s, approximately 0.67U_ . The

average of the phase speeds, summed over the range 0-50 kHz, gives an average phase velocity of 530 m/s,
approximately 0.72Uu. These values agree reasonably well with results of other studies (Fig. 10). Simi-

larly, R of 0.84 (for £/6% = 1,33) agrees reasonably well with other results (Fig. 11).
ppmax

4,2 Mach 5 Cylinder Interactions

Distributions of the mean wall pressure, normalised rms level, and intermittency are shown in
Figures 12, 13 and 14, respectively. The int»rmittency is the ratio of the number of data points counted
when the toggle 1s in the "on" state to the total numbi. of data peints. Tue sepaiaiion iocations, vu-
tained rrom surface flow visualisation, are indicated by 'S.' The trends are identical to those of earl-

ier studies indicating that these particular flows have no features peculiar to this blowdown facility.

Distributions of fm are shown as & function of y 1in Figure 15. In both cases, fm has a maximum
value at vy = .5 . This result differs from the findings of Reference 14 where it was observed that fm

was Independent of position within the intermittent regiom. It {s probable that this result i{s a feature
of the single-threshold algorithm as described earlier. The present results show verv clearlv that fm

changes from station to station. Examination of the pressure signals for different values of y confirms
this qualitatively. From Figure 16, which shows sample time-histories for y = .25 and .75 , it can be
seen that the average time between successive passages of the shock wave occurs at different intervals.

The distributions of fm for both cylinders are similar in shape but have different maxima. The rax-

imum frequency for the 1.27 cm and 1.90 cm cases is approximately 1.6 and 1.2 kHz, respectively. The
fact that they differ suggests that the motion is in some way influenced by the downstream separated flow
dynamics since the incoming flow conditions are constant, and only the cylinder diameter is changed. Most
significant is the observation that the magnitudes of the maximum mean frequencies are more than two or-
ders of magnitude less than a typical large eddy frequency (i.e., Uu/do « 120 kHz) and one order of magni-

tude less than the estimated boundary-layer bursting frequency (of order 10 kHz).

Probability distributions for the shock wave period were constructed at each staticn. In all cases,
the distributions are highly skewed with Tm = Tp. Results for y » 0.2 and 0.5 are shown in Figure 17.

The distribution for the smaller-dfameter cylinder is more compressed (i.e., higher probability of finding
shorter periods and vice-versa). For example, at y « 0.5, the probability of finding periods greater than
2 ms is very small for D = 1,27 cm, whereas for D = 1.9 cm, the maximum period is about 3 ms. An inter-
esting feature is that, although Tm is a function of vy (for a fixed D) and a function of D (for a fixed

Y}, ’1‘p remains approximately constant (. 0.4-0.5 ms) at all stations for both cylinders.

Power spectral density estimates provide additional quantitative support for the above findings. Al-
though power spectra calculated using the entire signal present different information than the probability
distribution for the shock period alone, they show very clearly that the large amplitude, hjigh-energy
fluctuations (i.e., those caused by the shock wave) fall in a fairly narrow low frequency band. Power
spectra at the same stations as the probability distributions of Figure 17 are shown in Figure |8, The
data are also plotted as f. G(f)/o® vs. f, rather than the more usual log-log form. This method high-

lights dominant frequency ranges in the signal. The results show that the high-amplitude pressure fluctu-
ations generated by the shock wave motion are distributed in the range of 0.2 to 2-3 kHz. This is the
same rasnge of frequencies as indicated in Figure 17. There is very little energy at frequencies of the
order of the bursting frequency. In both figures, and all other spectral plots, the effects of changing
D are evident. With increasing D, the curves retain their basic shape but are shifted towards a lower
range of frequencies.

Initial cross—correlations of the transformed box-cars for the two transducers suggest that the shock
wave is not convected by the large-scale structures in the incoming boundary layer. The cross-correlation
for two transducers at X/D = 3,15 (y =.65) and X/D = 2,92 (y =,34) for the 1.27 cm. case is shown
in Figure 19. There are two maxima, one at t = -32us and the other at +28us, corresponding to the aver-
age time delay between the rise and fall in pressure on the two signals as the shock moves upstream and
dowratream, respectively. From these values of 1 and the transducer spacing, the average shock velocity
in the upstream and downstream direction was calculated as 9] m/s and 104 m/s, respectively. Without
detailed analysis at other stations, and preferably additional tests at higher sampling rates (to improve
the resoclution of 1), it cannot be stated with any certainty that the downstream velocity is higher than
the upstream one or that these velocities are truly representative. However, both are relatively small,
of order 20X of the incoming boundary layer broad-band convection velocity. Since the shock velocity in
the downstream direction is a swall fraction of this convection velocity, it seems unlikely that the
incoming turbulence acts as the driving mechanism of the motion. However, hefore definitive conclusions
can be drawvn, the probability distribution of the shock velocities must be calculated and examined since
the average velocities from the correlation may be misleading.
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4.3 Mach 3 Blunt Fin Re-Examination

f- as a function of intermittency is shown in Figure 20 for fins with D = 1.27 em. and 2.54
cm. The figure includes results for the model on the tunnel floor (50 = 1.6 cm.) and on a full span flat
plate (60 = .3 cm.). In these boundary layers, large eddy frequencies (ijdu) are of order 36 kHz and 190
kHz, respectively. Two conclusions can be drawn from the Figure:

D for a given diameter blunt fin, fm 1s independent of 50 , at least over the range tested
(5:1 variation in thickness);
2) f- i3 dependent on D , and decreases with increasing D (i.e., increased interaction

and separated flow langth scale). This result is the same as that observed using cylinders
at Mach 5.

The maximum frequencies in the Mach 3 flow do not differ much from those at Mach 5. For the 1,27 cm. fin
at Mach 5 and Mach 3, the maximum frequencies are approximately 1.6 kHz and 1.1 kHz, respectively. The
higher frequency corresponds to the higher Mach number and freestream velocity, U,. This observation sug-

gested examining the possibility that a Strouhal number might be formed using U, as the normalising

velocity. As & firast attempt, the length scale selected for normalization was D . Table 2 shows the
pertinent parameters used in the calcuiation of the Strouhal number.

TABLE 2
case | Mach # | peem | Vs | falkM) | /0. | s,
1 4.96 1.27 | 740 .6 .027 071
2 4.96 1.90 | 740 1.2 .031 .075
3 2.95 1.27 | 590 1.1 .024 .050
. 2.95 2.54 | 590 0.7 .030 .063

The reasonably good correlation in terms of such simple parameters suggests that they might play a
role in, or be related to, the parameters pertinent to the underlying driving mechanisms. Since D con-
trols the length scale of the separated flow, Lsep’ (defined as the distance from the fin or cylinder

leading edge to the primary separation line as indicated by surface tracers), Lse was also used to cal-

culate a Strouhal number. These values are shown in the right-hand column of Table 2. The scatter is
somewhat greater than with D suggesting that the geometric parameter is more important than the overall
separated flow length scale. It is highly probable that a more physically appropriate velocity would be
some average value characteristic of the upstream flow in the primary vortex, rather than the freestream,
but this velocity 1s not known or easily deduced. However, 1t is likely that it would depend on the
freestream velocity and, hence, U_ might be a suitable parameter.

Probability density distributions for the shock wave period and pnwer spectral density estimates were
alsc calculated. The results for Y = 0.25 and 0.5 are shown in Figures 21 and 22, respectively. Cross-
correlations could not be computed since all the tests at Mach 3 were made using a single transducer.
Neither the probability distributions nor power spectra are as well-resclved as the Mach 5 data (fewer
records were taken), but the shapes of the curves and the trends with D are the same. With decreasing
D, the probability dis.ributions show the shift towards larger pericds and the power spactra show the
shift toward lower frequencies.

5. CONCLUDING REMARKS

Wall pressure fluctuations have been measured under the unsteady separation shock wave in inter-
actions induced by circular cylinders in a Mach 5 airflow. The wall temperature condition was adiabatic.
A conditional sampling algorithm has been developed to examine the statistics of the shock wave motion.
The same algorithm has been used to examine data taken in earlier studies in the Mach 3 blowdown tunnel at
Princeton University. In these earlier studies, hemicylindrically blunted fins with different leading-
edge diameters were teated in different incoming boundary layers. Initial analyeis show that:

1) The mean frequency of the shock wave 1s a function of position in the intermittent region
and reaches a maximum at an intermittency of about 50%. These frequencies calculated using
the conditional sampling algorithm are supported quantitatively by independent spectral
density calculations.

2) Probability distributions for the shock wave period are hizhly skewed at all stations such
that the most probable and mean frequencies are different. Although the mean frequency
varies with intermittency and hence position, the most probable frequency does not change
significantly from station to station.

3) The cylinder and blunt fin-induced flows exhibit the same general trends. The mean shock
wave frequency is dependent on the cylinder or fin leading-edge diameter, D , and decreases
as D increases. For a fin with fixed D, the mean shock freg y is independent of the
incoming b dary-layer thick over the range tested (5:1 variationm).

4) The maximum mean frequency generated by different diameter cylinders and fins at the two
Mach numbers can be correlated reasonably well by forming a Strouhal number using D and
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U, as normalising length and velocity scaies, respectively, The Strouhal numbers are in

the range 0.024 to 0.031. More data over a wider range of conditions is needed to evaluate
the validity of this approach and these parameters.

5) Initial cross correlations of the conditionally sampled signals for the Mach S5 cylinder
flows show that the average upstream and downstream velocities of the shock wave are rela-
tively small {about 202 of the broad-band ccanvection velocity in the incoming turbulent
boundary layer). However, before the motions in either direction can be fully character-
ised, additional cross correlations at other pairs of stations are required.

6) The low, mean shock wave frequencies (relative to either the large eddy frequencles or
estimated bursting frequency) and the low shock wave velocities (relative to the broad-band
convection velocity of the incoming boundary layer) do not =upport the view that the motion
is triggered by turbulence {n the incoming boundary layer, Rather, it suggests that the
motion {s coupled to the lower fredquency motion of the downstream separated flow.
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SUMMARY

An experimental investigation was conducted into the effects of leading edge sweep
and bluntness on the flow characteristics of a glancing shock wave turbulent boundary
layer interaction generated by a fin-on-plate configuration. A series of sharp swept
fins (covering angles of sweep from O to 75°) and a series of blunt unswept fins
(rgnging in leading edge diameter from 0 to 25.4 mm) were tested at incidences of up %o
30° at a Mach number of 2.4 and a freestream Reynolds number of 2.6 x 106 gp-l.
Observations of the mean flow were made using oll flow visualisation, static pressure
measurements, schlieren photography and vapour screen visualisation techniques. In
addition, some limited measurements of the unsteady static pressures beneath the
interaction were taken. Flow field models are proposed to include the effects of sweep
and bluntness and the governing parameters controlling the extent of the disturbed flow
and the pressure levels beneath the interaction are examined.

1. INTRODUCTION

Glancing shock wave boundary layer interaction is an {important type of three
dimensional inviscid/viscous interaction which can frequently have a significant effect
on the 'ideal' performance of, for instance, air intakes and control surfaces. It is
important for designers of hypersonic vehicles tc be able to identify the instances
where strong interactions of this type may occur and to determine the region over which
the effects associated with the interaction are significant if the vehicle is to be
both aerodynamically and structurally efficient. The configurations examined in the
present study are illustrated i? Figure 1. This investigation represents an extension
of the work performed by Kubotal on the interaction generated by & sharp unswept fin.
Kubota proposed a flow fileld model to describe the development of the flow with
incidence as shown in Figure 2(a). At low incidences, the sidewall flow remains
attached and the main features of the flow are a small corner vortex and an induced
flow from the fin surface which travels from the high pressure region on the fin
towards the low pressure reglon upstream on the sidewali. These manifest themselves in
the surface flow as a separation line on the fin surface and an attachment line on the
sidewall surface. For small incidences the induced flow does not present a sufficient
obstacle to the oncoming sidewall boundary layer to cause 1t to separate. However, as
the incidence 1s increased there comes a point at which separation occurs and the flow
on the sidewall separates resulting in the flow {llustrated in Figure 2(b).

The application of bluntness to the leading edge of an aerodynamic surface as a
means of alleviating the stagnation point or attachment line heating rate has been
found to have important implications on the magnitude of the interaction generated in
the immediate vicinity of the fin or wing root whereas the effect of sweep on the sharp
fin interaction has only recently begun to receive attention. It was therefore the aim
of the present study to examine the manner in which Kubota's flow field model could be
modified to include the effects of sweep and bluntness and to investigate the effects
on the overall pressure levels and interaction extent over a broad range of geometric
conditions.

2. EXPERIMENTAL ARRANGEMENT

The tests were carried out in the 229 mm x 229 mm working section of the
continuous supersonic wind tunnel of the College of Aeronautics. The tunnel is fitted
with an interchangeable two-dimensional asymmetric nozzle. Static pressure surveys
throughout the test regilon indicated that the flow Mach number was 2.40 + 0.05. The
tunnel stagnation pregsure 1is automatically contrclled and was maintained at
approximately 25.3 kNm~<. Similarly, a watercooling system kept the total temperature
at aﬁfut 293 K resulting in a freestream Reynolds number in the working section of 2.6
x 106 m-1l, Under these conditions, the sidewall turbulent boundary layer velocity
(99.5%) thickness is 15.2 mm with displacement and momentum thicknesses of 3.8 mm and
1.0 mom respectively. Previous measurements by Kubota have shown that the wall
conditions at M = 2.4 are very nearly adiabatic.

The two sets of fin models which were employed are shown in Figure 3. (In
addition, some tests were also made with the semicones shown.) The models were mounted,
with the aid of brackets on their leeward eide, to circular inserts on the working
section sidewall as illustrated in Figure 4.

* Present address: Hunting Engineering Ltd., Reddings Wood, Ampthill, UK
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The blunt models were of sufficient height to satisfy the criterion proposed by
Dolling and BogdonoffZ for the interaction at the fin root to be unaffected by the
finite height of the model. This was confirmed by schlieren photographs of the root
flow. For the purpose of the surface oil flow visualisation, the fin and surrounding
sidewall were painted matt black to provide high contrast with the mixture of oil and
titanium dioxide which was applied. A steady oil flow pattern was produced
approximately five minutes after the required working section conditions had been
reached. The oil flow studies were used to check that the fin mounting did not
influence the flow in the test region.

Static pressure measurements on the sidewall were made using two rotatable
pressure tapped sidewall inserts containing up to 220 tappings in a rectangular matrix.
Checks made with these inserts failed to show any incidence hysteresis effects in the
statlc pressure footprint of the interactions. The static pressures were measured using
a Setra 239 0 - 0.5 psi differential pressure transducer mounted in a Scanivalve Model
9D pressure scanning system. The signal from the transducer, when amplified, was
digitised and stored on 5 1/4" floppy discs under the control of a CBM Pet
microcomputer.

In order to determine the shape and position of the shock produced by each fin in
the absence of any interaction (referred to as the freestream shock location), a
conventional single pass schlieren/shadowgraph system was employed together with sting
mounted models. In the case of the swept leading edge fins, an appropriate set of delta
wing mcdels was constructed and the centreline shock angle determined. The flow field
in the neighbourhood of the blunt fin leading edge sidewall junction was also examined
using schlieren photography.

3. RESULTS AND DISCUSSION
Effects of Sweep

Firstly the influence of sweep on the interaction surface pressure footprint will
be discussed. Figure 5 shows the iscobars on the sidewall beneatl the interaction for
the A= 30, 45, 60 and 75° sweep models at an incidence of 13°. It is apparent that
as the sweep is increased so the overall surface pressure level of the interaction
falls and the lateral extent of the disturbed flow decreases slightly. The fall in
pressure level might be expected because of the reduction in freestream shock angle, as
shown in Figure 6, and the reduced compression between the shock and the fin surface.
Typical pressure distributions at two stations parallel to the fin are shown in Figure
7(a). In an attempt to collapse these distributions, the asymptotic value which the
pressure might be expected to approach at large distances downstream was considered.
For any value of Y/6 , as defined in Figure 7, as X/5 tends to infinity so the
pressure approaches the value on the centreline of the corresponding delta wing. These
delta wi%g centreline Eressures were estimated using the linearised theories described
by Jones’ and Puckett®. (It is recognised that linearised theory underestimates the
centreline pressures, however its use was justified on the basis of simplicity.) The
distributions when nondimensionallsed in this way are shown in Figure 7(b). The
collapse suggests that the delta wing centreline pressure is a valid scaling parameter
for the pressure levels beneath the interaction when the leading edge is swept. It is
thought that the use of methods such as thin shock layer theory or that described by
Babaev? wculd result in an even better collapse of the data and a clcser prediction
of the downstream asyrptotic pressures, particularly at higher Mach numbers. (Note
however that the overshoot of the limiting value shown in Figure 7(a) at the station
close to the fin is due to the influence of the attachment line in this region as shown
in Figure 2.) Although more tests are needed to fully confirm this method of scaling,
the implication is that if the surface pressure footprint is known for the unswept fin,
then the swept fin pressure levels can also be estimated using delta wing theory.
Figure 8 shows the alleviating effects of sweep as calculated using the linearised
theory. Unfortunately, lack of data prevented the examination of this correlation when
applied to peak pressures experienced near the corner attachment line.

Scaling parameters for the extent of the disturbed flow produced by a sharp

fin-on-plate configuration have been put forward by Dolling and Bogdonoff® fiom the
tests performed at Princeton University at M = 2.95. These are of the form:

L_;n - Reb = (L Reb, My)

where Luy = upstream influence, see Figure 9
Ls = distance along shock, see Figure 9
Reg = Reynolds number based on boundary layer thickness
My = Mach number normal to shock
b = constant, '
3 = boundary layer thickness

The line representing the furthermost upstream point at which the static pressure is
disturbed by the presence of the unswept fin when scaled using the above relationship
is shown in Figure 9. Despite the large difference in the freestream Reynolds numbers




of the present tests and those performed by Dolling, the comparison suggests that the
expression can be used to scale the interaction on the basis of boundary layer xeynolds
number.

The question of the exact manner in which the interaction foctprint grows at large
distances from the fin has been the subject of much attention. The present experiments
tend to suggest that the incteraction upstream influence grows in an approximately
conical manner with a quasi-two dimensional footprint downstream of the freestream
shock location as shown in Figure 10. However the relatively low values, of Y/3 which
were attainable probably do not allow the flow to become 'fully developed' (if ruch a
state exists) in the lateral direction. For typical hypersonic vehicles flying at low
Reynolds number with consequently very thick boundary layers, this question may, in
reality, be of very little consequeace.

The method in which the separation of the sidewall flow develops with incidence
appears to be qualitatively unaffected by the application of sweep. The development of
separation, as observed from the oil flow visualisation, appears to follow a number of
stages. These are illustrated in Figure 11 using oil flow photographs of the A= 75°
fin. (In the following description, three-dimensional separation was judged to have
occurred if the oil flow streaks on the upstream side of a particular line converge
into that line, as discussed by Kubotal.)

(i) At low incidences a small separated flow region exists around the nose of the
fin as shown in Figure 11(a). The ordinary separation line wrapped around the nose of
the fin marks a dividing line between the induced flow from the fin surface and the
remainder of the sidewall surface flow.

(ii) Further 1increase in incidence enlarges the lateral extent of the sepuarated
region as shown in Figure 11(b). Note, that the separation line is not terminated in a
singular point and therefore appears to be an example of an 'open' type separation as
discussed by Wang’. Ultimately, the separation line extends across the entire test
region as illustrated in Figure 11(c). This type of separation growth behaviour
demonstrates the complex nature of the flow and indigates the limits of the usefulness
of expressions such as that proposed by Korkegi for the shock pressure ratio
necessary to produce incipient separation i.e. even the mean flow separation process
must be regarded as a continuous process rather than a single event,.

(iii) Also associated with an increase in incidence 1is the division of the region
behind the dividing surface streamline and the fin, into two distinct regions i.c. a
region of high surface shear where almost all the applied oil mix has been swept away
and a region of relatively low shear sluggish flow immediately downstream of the
dividing line. This can be seen in Figure 11(c). The comp.ession region separatirg the
two reglions becomes a separation line with an attachment line visible just upstream as
the incidence is raised as shown in Figure 11(d). Associated with this development is
the appearance of a dip in the static pressure distribution when viewed in the
direction normal to the shock as illustrated in Figure 11(d).

The two separation lines present on the sidewall at high incidence cen be regarded
as being the result of two different processes, The first separation line is produced
by the flow induced from the fin surface forcing the sidewall flow off the surface.
This induced flow is generated as a consequence cf the high pressures recovered in the
region of the fin leading edge attachment line and the fin boundary layer induced
pressures at zero incidence and at positive incidences by a combination oi these and
the high pressure on the entire windward surface due to fin deflection.

The second separation line is produced as a result of the difficulty encountered
by the secondary flow in passing beneath the shock system in the opposite direction to
the freestream flow as shown in Figure 11(c¢). The location of the secondary separation
is very close to the freestream shock location. It is suggested that this wight be
caused by the higher shear forces experienced by the flow crossing the shock location
in the 'reverse' direction once it appears ahead of the main shock structure and
encounters flow travelling with almost the freestream flow velocity. This would have
the effect of reducing the momentum of the already sluggish reverse flow.
Unfortunately, insufficient data was available to determine the necessary conditions
for the appearance of the secondary separation line. However it is felt that it would
not be wise to attempt to generalise by suggesting that the appearance of the secondary
separation line could be linked to certain values of incidence, sweep etc. because of
its expected dependence on such factors as boundary layer characteristics (steady and
unsteady), shock structure etc. The flow field model proposed for the sharp generator
flow field with secondary separation {i{s shown in Figure 12(c). The effect of swecp is
to change the rate of development of the flow field shown in Figures 12(a) - 12(c) with
incidence i.e. delays each stage of development until a higher incidence. Sweep also
has an effect on the flow field in the {mmediate vicinity of the fin i.e. the
introduction of sweep has the effect of moving the attachment line off the fin leading
edge. This has a tendency to drive the corner based separation line further into the
fin/sidewall junction.
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The results of the tests performed with the semicones are shown in Figure 13.
These indicate that the semicone which produces the same overall pressure ratio as the
sharp unswept fin also produces the surface properties which most closely resemble
those of the sharp fin interaction. This tends to support the fact that the overall
pressure ratio 1is the main parameter determining the interaction footprint at any
particular Reynolds number rather than purely the shock strength.

Effects of Bluntness

The 1influence of bluntness on the pressure levels in the zero incidence fin
interaction is graphically illustrated by Figure 14 which shows the surface pressures
beneath the interaction produced by the D = 25.4 mm fin. Note that the disturbance
produced by the fin travels approximately 2.5D (~ 48) upstream of the leading edge.
Clearly the highest static pressures on the sidewall surface (from which highest
heating rates can probably be implied based on the work of Wiakelmann®) occur in the
immediate vicinity of the nose. These peak pressures can Le associated with flow
attachment/reattachment processes inferred from the oil flow studies. A typical oil
flow photograph for the D = 25.4 mm model is shown in Figure 15. The two separation
lines crossing the centreline in front of the fin are easily distinguished. Schlieren
photographs taken of the flow on the centreline, suct as the one in Figure 16, show
that the mean shock structure on the fin centreline is very similar to that found by
Kaufman et al 10 at higher Mach numbers. The origin of the separation shock is very
close to the mean position of separation as indicated by the o0il flow. The lambda
structure is charactf“ised by an Edney Type IV shock/shock interaction (as originally
described by FEdney'+) at +*he intersection of the bow and separation shocks.
Associated with the interaction is a supersonic jet which impinges on the fin leading
edge. The cellular shock structure within this jet is visible in Figure 16. The path
taken by this jet away from the fin root is an indication of the high pressures in the
root region.

The pressure levels experienced on the centreline, as shown in Figure 17, can be
approximately estimated using very simple expressions. The semi-empirical
two-dimensional analysis of Truittl? produces a good estimate of tue heieht of the
first peak. This agreement however, mu.. be regarded as rather fortuitous because the
theoretical base for Truitt's analysis assumes that the boundary layer remains attached
on passing through the front leg of the shock. The second peak pressure is very close
to the pressure obtained by stagnating the freestream flow through a single normal
shock. Examination of other results suggests that this value represents an upper limit
to the steady pressure in this region.

In contrast to the swept fin 1interaction, the blunt fin 1interaction in the
vicinity of the nose appears to be remevkably iisensitive to Mach number and freestream
Reynolds number effects as the comparison of the present results with those of
Winkelmann9 and Saida and Hattoril3, demonstrates, Figure 18. This insensitivity,
together with the data fitting performed by Truitt, probably explains the close
agreement between his prediction and the value of the I[irst peak pressure. A rise in
Mach number produces higher pressures wlong the attachment line Ay whick, by compariscn
with Winkelmann's results, extends further in the lateral direction at higher Mach
numbers. It is thought that this is because the attachment line A) is associated with
attachment of flow from the freestream rather than flow from th: momentum deficient
approaching boundary layer. The other major feature of the flow in the region of Aj is
what appears to be a high presssure jet of air, which traces a path from the attachment
node on Ay and into the low pressure region created by the overexpansion of the flow
around the fin 1leading edge. Schlieren photographs, such as Figure 19, of the
freestream flow show a compression shock emanating from the fin shoulder, thus
providing evidence of this overexpansion.

The use of the leading edge diameter D as a scaling parameter .or the vertical and
horizontal extent of the interaction has been supgested by several investigators eg:
winkelmann? and Kaufman et al 10, Figure 20 shows the collupse of the pressure
distributions when nondimensionalised in this 1ay. This plot also demonstrates the
effect on the pressure footprint of the cther c: racteristic dimensions of the flow
i.e. some boundary layer thickness. It seems reaso.:le to suggest from Figures 18 and

20 that as the parameter D/5 reduces so the pressure levels throughout the
interaction decrease and the nondimensional extent of the interaction increases. A

similar trend with D/% is observed at subscnic speeds as shown in the results of
Peake and Galwayl®. This trend can be explained if it is recognised that as D/s

reduces so the flow approaching a fin of a given diameter exhibits a greater momentum
deficit and therefore separates more readily i.e. further upstream. (The present tests
at M = 2.4 also show an independence of the parameter D/§ fcr values of D/5% 2.0.)

As was noted to be the case with the sharp fin flow field, the oil flow lines
corresponding to the separation lines S; and Sy where they cross the centreline have a
limited 1lateral extent. The extent of the second line S 1is connected with the
disappearance of the pressure dip in the streamwise pressure distribution and occurs
typically for Y/D 2.5 - 3.5 (increases with M). This dip can be seen in Figure 1l4.
This suggests that where the mean adverse pressure gradient normal to the separation
line necessary for the separation of the reverse flow disappears, then the flow is no
longer separated. A flow field model for the flow past the D = 25.4 mm model is shown
in Figure 21. It is suggerted that the fading out of the separation lines S} and S2 is
caused by the weakening of the vortices Vi and V) due to visccus diffusion combined
with movement of these vortices away from the surface.
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For a blunt fin put at incidence, it has been suggested by Dollinglf’ that at
sufficiently large distances from the fin, the interaction pressure footprint reverts
to that produced by a sharp unswept fin at the same incidence. In this vispecot the
interaction flow field behaves in a similar manner to the freestream flow field i.e.
the effects of nose bluntness are undetectable at large distances from the fin.
Dolling's experiments at M = 2.95 suggested that the point at which the footprints
match, mirrors very closely the point at which the freestream flows (in particular the
shock strength) become indistinguishable. However, the present tests indicate that the
influence of the nose bluntness may be felt outboard of this point. A comparison of the
sharp fin and the D = 3.18 mm fin pressure distributions at an incidence of 13%, Figure
22, shows that even at Y = 50.8 mm, where the difference in shock strength (as
calculated from the schlierer photographs of the freestream flows) 1is only
approximately 9%, the footprint has not completely reverted to that of the sharp fin.
This suggests that at M = 2.4, the interaction footprint may not follow the inviscid
flow as closely as Dolling found to be the case at M = 2.95,

The flow field in the vicinity of the nose i.e. small values of Y/D, changes
little as the incidence is raised, as shown in Figure 23. The major change is that the
jet on the fin surface shown in Figure 21 becomes weaker. This is probably as a result
of the increased pressure levels on the fin surface in relation to the stagnation
pregsure recovered on Ay. The development of the oil flow with incidence suggests that
the flow field becomes as shown in Figure 24. The secondary separation line S3 weaken:
and the flow becomes dominated by the attachment line Aj. Note, that at low incidence:,
the nose bluntness 1s responsible for producing a flow from the sidewall onto the fI:
surface whereas at higher incidence, this flow is reversed due to the high pressure
levels on the fin surface. At incidences outside the present range of study it is
expected that a new secondary separation would appear as was observed with the sharp
fin, as illustrated in Figure 11(d).

Unsteady Aspects

Measurements of the static pressure fluctuations were made at four locations
beneath the interaction generated by a sharp unswept fin at o = 9°. These positions
are shown in Figure 25(8%. Care was taken to mount the Kulite LPS-125-10M differential
pressure transducer used for the tests so that its diaphragm was flush (or wvery
slightly below) the surrounding sidewall because of the effect traunsducer position can
have on the RMS level and power spectrum of the measured signal as discussed by
Hanlyl®. The signal from the transducer was amplified and then recorded on C.5 ing
magnetic tape via a Racal M tape recorder. The recorded signals were replayed,
digitised and sampled by a Digital Minc minicomputer. Library programs were then used
to evaluate the RMS value of the flucruating signal about the mean as well as the power
spectral density of the signal at each location.

The variatlion of the RMS pressure fluctuation is shown in Figure 25(b). The value
at position (I) was unaffected by the presence of the fin and was in reasonable
agreement with the estimate obtained using the correlation produced by Laganalili
et al 17 for high speed turbulent boundary layers. The highest value occurs in the
neighbourhood of the mean position of the separation line and is associated with
movement of the separation shock and the unsteady nature of turbulent separation.
Although more transducer locations are needed to properly define the peak of this
distribution, the maximum measured amplification of 1.5 alls well below the peak
values of 12.0 and 8.5 measured by Dolling and Bogdonoffl® and Dolling and Murphy
in blunt fin and two-dimensional swept ramp flows at M = 2.95. It is suggested that the
sharp fin induced separation 1is less unsteady than the corresponding separations in
blunt fin and ramp flows. In addition, there is also no evidence of intermittency in
the pressure-time histories at locations around the mean separation position.

In order to determine whether the 1increase in the RMS fluctuations around
separation could be associated with any particular frequency (i.e. was oscillatory),
the power spectra of the pressure signals was obtained. The results indicated that no
one dominant frequency is present but that there is an overall increase in the
approximate range 3 - 30 kHz.

4, CONCLUSIONC

The flow field model proposed by Kubotal has been extended to include higher fin
incidences characterised by the appearance of a secondary separatinu. Associated with
the secondary separation 1is the appearance of a dip in the surface pressure
distribution normal to the shock. This model is also applicable to cases where the
leading edge is swept back.

The static pressure levels beneath the interaction generated by a sharp swept fin,
approximately scale with the pressures experienced on the ‘centreline of the
corresponding delta wing at the same incidence. The application of sweep decreases
slightly the extent of the disturbed flow field. However, the effect of sweep on the
footprint extent when referenced to the freestream shock location, is secondary in
comparison to the effect of sweep on the pressure levels. Limited comparisons suggest
that existi-g methods for estinating the effects of Reynolds number (based on boundary
layer thickiess) on the upstream influence of the interaction produced by an unswept
fin, at a perticular incidence, are not unreasonable. Fluctuating pressure measurements
indicate th t the separation induced by a sharp unswept fin is considerably less
unsteady than blunt fin induced separation.




of the flow fleld even at large distances from the fin.

A mean flow field model has been put forward for the blunt fin interaction at zero
to moderate incidences. Leading edge diameter 1s found to control the horizontal extent

The results indicate that a

reduction in the parameter D/§ below approximately 2.0 results in a significant
decrease 1in the {nteraction surface pressure levels and an increase in the non-
dimensionalised (with respect to leading edge diameter) extent of the interaction
footprint.
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UNE METHODE CINEMATOGRAPHIQUE ULTRA-RAPIDE POUR L'ETUDE
DES SILLAGES EN TUNNEL DE TIR HYPERSONIQUE
by
Axel KONEKE, Bernard Charles JAEGGY, Germain KOFRBER
Département 4'Aérodynamique
INSTITUT FRANCO-ALLEMAND Dc RECHERCHES DE SAINT-LOUIS (ISL)
12, rue de 1'Industrie
Saint-Louis
68301
France

RESUME

L'utilisation de méthodes optiques est 1'une des seules passibilités d'étude des sillages hypersoni-
ques en tunnel de tir. En raison de la vitesse des écoulements, les méthodes utilisées doivent permettre
des temps de pose nettement inférieurs 3 la microseconde. L'ISL utilise depuis longtemps des techniques de
visualisation ultra~rapide pour 1'étude de la transition dans les sillages hypersoniques, mais les moyens
disponibles jusqu'ici ne permettaient pas de suivre dans le temps les instabilités du sillage laminaire.

Nous proposons ici d'utiliser un laser associé a un modulateur acousto-optique comme source de lumié-
re ultra courte, a haute énergie et & grande fréquence de répétition, pour permettre 1l'enregistrement d'un
certain nombre d'images du méme phénoméne en vue d'étudier 1'évolution au cours du temps des instabilités.
Les avantages de cette source lumineuse sont une grande énergie, des impulsions de 20 ns seulement, une
fréquence de répétition variant indépendamment de la durée des impulsions et une synchronisation aisée avec
des événements extérieurs. Le laser constitue une source ponctuelle qui peut &tre utilisée pour plusieurs
montages optiques différents et sa nature cohérente permet d'envisager l'emploi de 1‘holographie. Le systé-
me de réception capable d'enregistrer les images obtenues avec une vitessc suffisante constitue le princi-
pal probléme de la mise au point de la méthode.

ABSTRACT

Optical methods are among the only possibilities to study hypersonic wakes in ballistic ranges. Be-
cause of the flow velocities involved the methods employed must permit exposure times well below one micro-
second. The ISL has been using ultra-high-speed visualization techniques for the study of the transition of
hypersonic wakes for quite some time, but the means available up to now did not permit to investigate the
time-history of the instabilities in the wake.

We are proposing the use of a laser equipped with an acousto-~optical modulator as a source of ultra
short, highly energetic pulses with high repetition rate to be used to record a certain number of images of
the same experiment in order to study the time history of these instabilities. Advantages of the laser as a
light source are not only the high energies available together with pulse durations down to 20 nanosecondes,
but mostly the free choice of repetition rate independantly of exposure time, and the possibility to syn-
chronize the pulses with external events. The laser is a point source and as such can be used in a variety
of different optical setups. The coherent nature of the laser light even permits holographic techniques.

The reception system capable of recording the images at a sufficient rate is the basic problem in the devel-
opment and use of the proposed setup.

1. INTRODUCTION

L'aérodynamique hypersonique a été l'un des thémes majeurs sur lesquels a travaillé 1'ISL de 1960 a
1975 et 1'érablissement s'était doté pour ce faire de moyens d'essais relativement importants, d'une cer-
taine originalité, et pour lesquels a été développé un grand nombre de moyens de mesure d'usage assez peu
courant ou méme tout & fait nouveaux [1].

Les problémes qui ont été traités concernaient surtout les problémes de rentrée dans 1'atwosphére de
tétes d'engins balistiques et plus particuliérement les deux points suivants :

- 1'étude de l'échauffement cinétique et des flux de chaleur, surtout effectuée dans une soufflerie & chocs
dont les caractéristiques sont rappelées en [2];
- 1'étude des sillages, effectuée au tunnel de tir hypersonique.

Malgré les différences des installations et des sujets traités, un certain nombre de problémes métro-
logiques communs ont été rencontrés. En effet, les temps de rafales de la soufflerie & choc sont brefs (de
1'ordre de 10~* g), bien que nettement supérieurs aux temps dont on dispose pour les mesures au tunnel de
tir hypersonique (au maximum de 1073 s). Mais cela nécessite dans les deux cas l'emploi de méthodes rele-
vant de la physique des temps courts, autre domaine dans lequel 1'ISL avait acquis une grande expérience
par le moyen d'études relevant de la détonique ou de la propagation des ondes de choc.

Parmi les méthodes qui ont été utilisées figurent évidemment les méthodes de visualisation ultra-
rapide. Celles-ci avaient notamment été utilisées pour 1'étude de la transition laminaire/turbulent dans
un sillage hypersonique, mais cette étude était restée sommaire du fait des limitations des moyens disponi-
bles a 1'époque, lesquels ne permettaient pas 1'étude du développement des instabilités du sillage laminai-
re.

Les progrés récents de 1'optoélectronique permettent d'aborder aujourd'hui cette étude.
On trouvera successivement dans ce qui suit :

- un rappel des résultats obtenus autrefois, précédé, pour en faciliter la compréhension, par une bréve
présentation générale et une courte description des moyens d'essais utilisés;




ve

9-2

- un examen des possibilités nouvelles offertes par les techniques actuellement disponibles;
- des exemples des premiers résultats obtenus.

2. Etude des sillages hypersoniques
2.1 Motivations de l'étude

Le sillage que laisse derridre lui un engin pénétrant dans 1'atmosphére est ionisé et constitue donc
un moyen de détection de cet engin. Cette détection peut &tre soit passive (écoute de l'émission propre du
sillage), soit active (écoute du retour d'une onde émige du sol). On peut ainsi suivre la trajectoire d'un
engin alors qu'il n'est lui~méme pas détectable ou que la comwunication avec lui n'est pas possible. Théo-
riquement, la détection est possible dans tout le spectre électromagnétique (radioélectrique, infrarouge,
visible, ultraviolet), mais les études de 1'ISL ont surtout porté sur la détectiom dctive dans la gamme
des fréquences radiodlectriques ("écho radar") [3]. Dans le cadre de cette étude, 1'ISL a mis au point di-
verses méthodes de mesure de l'ionisation d'un sillage en laboratoire : cavité résonante, interférometres
hyperfréquences, sondes de Langmuir [4]. Du point de vue aérodynamique, l'ionisation du sillage et son
évolution en fonction de la distance a 1'engin sont gouvernées par différents parsmétres liés aux condi-
tions de vol et & la géométrie et aux dimensions de l'objet. Ces paramétres déterminent la nature du sil-
lage qui joue un rGle essentiel. En effet, la décroissance de la densité électronique est bien plus rapide
dans un sillage turbulent ol il y a mélange avec un écoulement extérieur plus froid que dans un sillage
laminaire. L'étude de la transition de 1'écoulement laminaire i 1l'écoulement turbulent dans le sillage a
donc constitué un des aspects essentiels de l'ensemble de 1'étude et c'est le seul dont il sera question
ici. On trouvera en [5] une présentation plus générale de 1'ensemble.

2.2 Moyens d'essais

Etant donné le probl2me posé, 1'emploi du tunnel de tir de préférence a la soufflerie s'imposait en
raison de :

- la nécessité de faire varier la pression dans les limites rencontrées dans la haute atmosphére (de 1 a
100 mmHg environ) et de réaliser les essais dans un milieu ayant strictement la composition chimique de
1'air en équilibre,

- la vitesse a reproduire, de l'ordre de plusieurs km/s, correspondant a des nombres de Mach trés élevés
(de 10 3 25),

- la nécessité d'éviter tout support de maquette susceptible d'entralner une perturbation du sillage et du
besoin de pouvoir observer le phénoméne loin & 1'aval de la maquette.

Les essais ont donc été effectués dans le tunnel de tir hypersonique du département d'aérodynamique
de 1'ISL. Ce tunnel est équipé de deux canons  gaz léger (hydrogéne, mais 1'hélium a aussi été utilisé)
dont la figure 1 précise les caractéristiques™’ . Les vitesses maximales atteintes ont été de 8,5 km/s pour
le canon de 20 wm et de 9,% ¥mfs pour le camon de 10 mm, La figure 2 donne une photographie de ces canons
et la figure 3 une photographie du tumnel de tir proprement dit. Celui-ci comporte une chambre de détente
destinée & freiner les gaz de bouche du canon, un diaphragme (piéce métallique percée d'un trou et desti~
née 3 arréter les "sabots" ayant servia guider les projectiles non cylindriques dans le tube de lancement)
et un certain nombre d'éléments variables en fonction des essais 3 réaliser. La figure 4 donne une confi-
guration typique du tunmel de tir tel qu'il était équipé pour 1'étude des sillages hypersoniques. La ra-
diographie-éclair servait & vérifier le bon détachement des sabots. Les deux postes ombroscopiques étaient
utilisés pour la mesure de la vitesse du projectile (d'autres postes doivent &tre ajoutés lorsqu'il faut
tenir compte de la décélération du projectile), le spectrometre de masse a servi a une tentative d'étude
de la composition chimique du sillage [8] et 1l'étude des caractéristiques électroniques du sillage était
faite dans 1'élément terminal de grand diamétre. Les deux postes strioscopiques étaient utilisés pour la
visualisation du sillage et 1'étude de la transition.

2.3 Visualisations par strioscopies

L'étude de la transition a essentiellement été faite par examen visuel des photographies du sillage
obtenues par strioscopies. Cet examen a conduit a 1'adoption du critére de transition de Zeiberg [9] pour
les sillages de spheres [10] et i celui du critére de transition de Waldbusser [11, 12] pour les sillages de
cdnes faiblement émcussés [13, 14].

Cn a également utilisé plusieurs variantes d'un montage dans lequel un faisceau laser traverse
1'écoulement avant d'étre recu sur un photomultiplicateur. Le signal recu dépend des variations de 1'in-
dice de réfraction intégré le long du chemin optique et présente un aspect trés différent suivant que
1'écoulement est laminaire ou turbulent [15, 16].

L'étude a été faite pour des vitesses de 3500 3 6500 m/s, des maquettes de faibles dimensions (ca-
libre maximal : 20 mm) et de faibles pressions dans le tunnel de tir (de 2 2 100 miHg). Dans ces condi-
tions, de trés faibles temps de pose (& 5 km/s, le projectile parcourt 5 mm par ps) et de trés fortes in-
tensités lumineuses étaient nécessaires. Pour les obtenir, 1'ISL avait construit des flashes ayant les
caractéristiques suivantes :

- énergie électrique : 0,7 joule,
- durée d'émission & mi~hauteur : 150 & 200 ns,
- dimensions du canal lumineux : 4 mm X 1 mm.

Ces flashes équipaient des postes strioscopiques 2 double passage dont la figure S donme le schéma.
La plupart des visualisations ont été effectuées en utilisant des miroirs sphériques de rayon de courbure
R Les caractéristiques données correspondent a 1'état actuel de 1'installation.Du fait des modifications
intervenues depuis la mise en service du petit canmon en 1961 {7] et celle du grand canon en 1965 6], les
valeurs indiquées peuvent différer de celles que 1'on peut trouver dans les documents ISL plus anciens, qui,
pour les mémes raisons, peuvent donner des valeurs différant entre elles,




égal 3 2 m et de diamétre 21 cm [17]. Dans ce cas, deux montages ne différant que par l'orientation des
couteaux (1'un & couteaux paralléles & l'axe du tir et l'autre i couteaux perpendiculaires & cet axe)
avaient été mis en oeuvre simultanément, Par la suite un montage plus performant avec un miroir spérique
de 5 m de rayou de courbure et de diamétre SO cm a été utilisé [18]. Son encomrement a nécessité l'emploi
d'un miroir de renvoi supplémentaire (figures 6 et 7).

La rigure 8 donne un premie~ e=xcwple de résultat. Il s'agit d'un cdne de demi-angle au sommet 12,5°,
d'émoussement 0,2, de diamétre au culot 12,4 mm, lancé & 4113 m/s dans de 1'air & 100 mmHg. Le sillage la-
minaire présente d'abord des contours rectilignes jusqu'a 95 mm du nez du projectile. Ensuite apparaissent
des ondulations qui induisent dans 1'écoulement extérieur du sillage des ondes de choc qui viennent inter-
férer avec 1'onde de chce de recompression issue du col du sillage, puis le sillage prend un aspect turbu-
lent caractéristique A partir de 115 mm du nez, avec des "bouffées" plus ou moins importantes.

La figure 9, qui correspond 3 un projectile identique tiré a vitesse un peu plus élevée (4674 m/s)
dans de 1'air 3 la méme pression, donc 4 une transition un peu plus proche du projectile, montre un dérou~
lement analogue : apparition d'ondulations a la frontiére du sillage laminaire, mais cette fois dés 70 mm
du nez, puis des ondulations du sillage laminaire avant l'apparition de bouffées turbulentes plus ou moins
importantes a partir de 92 mm du nez, mais ce n'est guére que dans la partie droite de 1'image, c'est-a-
dire vers 250 mm du nez, que le sillage furbulent commence 2 présenter un "grain" & peu prés homogéne.

La figure fOmontre le sillage d'un cdne de méme forme mais de dimensions deux fois plus faibles (dia-
métre de culot 6,2 mm) tiré 3 4614 m/s dans de 1'air 3 la pression de 60 mmHg. La transition est alors plus
lointaine et le centre de 1'image est a4 205 mm du culot du projectile. On voit trés nettement le développe-
ment des instabilités du sillage laminaire et !'apparition progressive de "bouffées" turbulentes de plus en
plus importantes. Un examen attentif de 1'image montre que les instabilités apparaissent d'abord & la from-
tiére supérieure du sillage laminaire, les instabilités 3 la frontiére inférieure ne deviennent visibles
que tout a fait a droite de 1'image. Cette figure est une strioscopie 2 couteaux perpendiculaires a 1'axe
du tir et visualise donc les gradients de masse volumique dans la direction axiale. La figure 11 donne la
strioscopie & couteaux paralléles & 1'axe correspondant au méme tir. Les deux postes strioscopiques étaient
séparés de 75 cm et le déclenchement des éclateurs réglé de maniére 3 ce que le centre de deux images soit

42 la méme distance du projectile. L'examen de la figure 11 permet de retrouver les mémes structures que
sur la figure 10mais décalées vers la droite. A priori on serait tenté d'attribuer ce décalage & la vitesse
de convection de ces structures par l'écoulement et de calculer cette vitesse 3 partir de ces photographies.
Cependant 1'influence des incertitudes expérimentales (erreur sur la mesure de la vitesse des projectiles,
erreurs sur l'instant du déclenchement des éclateurs) enléverait toute précision & cette évaluation.

La figure 12 est particulidrement remarquable. Elle correspond a un cdne de petit calibre (diamétre
au culot 6,2 mm) tiré & 4780 m/s dans de 1'air a 20 mmHg. La transition est alors trés lointaine et 1'écla-
teur a été réglé de manidre a ce que le centre de 1'image soit 3 la distance prévue pour la transition par
le critére de Waldbusser (soit 3 110 calibres du nez du c3ne ol 68 cm). Mais alors que ce critére est sup-
posé donner la fin de la transition, la photographie montre que 1'on est plutdt au début de celle-ci; on y
voit nettement se développer une instabilité A la frontiére supérieure du sillage laminaire. Cette insta-
bilité contamine progressivement tout le sillage, mais ce qu'il y a de surprenant est son atténuation et
sa disparition progressive vers la droite de 1'image.

L'intér8t d'une étude détaillée des instabilités que iI'on voit sur les figures 8 a 12 (lesquelles
sont extraites de [13]) est évident. Il aurait fallu,pour faire cette étude, pouvoir suivre le développe-
ment de ces instabilités au cours du temps, ce qui était malheureusement impossible & 1'époque ou ces pho-
tographies ont été obtenues., En effet, chaque éclateur (alimenté par la décharge d'une batterie de conden-
sateurs) ne pouvait &tre utilisé qu'une seule fois par tir. Une solution théoriquement possible eut été de
multiplier le nombre de postes strioscopiques le long de la trajectoire, mais le nombre de postes possibles
est limité 2 quelques unités et leur multiplication ne va pas sans poser des problémes pratiques. La solu-
tion idéale, effectuer plusieurs dizaines de visualisations successives au méme endroit, n'était pas possi-
ble, faute de source lumineuse appropriéde.

3, Cinématographie ultra-rapide
3.1 Comsidérations générales

Pour visualiser un phénoméne instationnaire, il faut que la durée d'observation T soit nettement in-
férieure 3 la durée caractéristique du phénoméne. Il est difficile ici d'estimer cette dernitre de facon
précise, mais on peut en déterminer un ordre de grandeur. En effet, les figures 9 3 12 montrent que les
instabilités qui se développent sont & peu prés a 1'échelle spatiale de 1'obstacle. Elles ont donc une
taille caractéristique L de 1'ordre de 10~2 m. Si on prend pour vitesse caractéristique celle du projecti-
le, soit v=5-10' m/s, on obtient un temps caractéristique : L/v = 2 us, pour ia "période" du phénoméne a
étudier. Il faudrait donc pouvoir faire pendant cette période un certain nombre de photographies avec des
temps de poses suffisamment petits. Les éclateurs utilisés ci-dessus ont une durée acceptable (150 ns)
mais ne permettent pas la répétition des images.

I1 existe un instrument déja ancien qui permet cette répétition : c'est la chronoloupe de Cranz-
Schardin [19], qui consiste en une batterie de 24 éclateurs déclen~hés avec des intervalles At réglabies
et, 3 1'opposé par rapport au phénoméne 3 étudier, une plaque recevant cSte & cSte les 24 images (figu-
re 13). L'inconvénient du systéme est qu'il entrafne des erreurs de parallaxe, mais que 1'on peut mini-~
miser en €loignant la batterie d'éclateurs et la plaque du phénomdne, ce qui entraine des complications
dues & 1'emploi de miroirs de remvoi (le laboratoire n'est pas extensible!). Les appareils existant a
1'ISL ont une cadence de répétition qui est bonne (At minimum égal & 10~7 s), mais les temps de pose
sont trop longs (au minimmm 3 ws) et la puissance lumineuse est assez faible. L'appareil est cependant
utilisable pour des sillage de projectiles & faible vitesse, comme le montre l'exemple de la figure 14.

L'idéal serait de pouvoir disposer d'ume source lumineuse fournissant des impulsions de l'ordre de
20 ns avec des intervalles entre impulsions de 1'ordre de 100 ns.
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Remarquons en passant qu'il faudrait aller encore bien plus loin pour accéder aux échelles du mouve-
ment turbulent auxquelles se fait la dissipation par viscosité. E? effet, si l'on en croft la théorie [20],
ces échelles ont un temps caractéristique de 1'ordre de L/v Re™®/*, soit ici de 1'ordre de 10~!° s,

La réalisation de temps d'exposition courts et d'une cadence de répétition élevée peut &tre obtenue
au moyen des trois éléments du montage optique : la source lumineuse, 1'optique elle-méme et le moyen de
réception. Dans la plupart uee vas oL i'on suubaite effeciuer une série de photographies trés rapprochées
dans le temps, les temps d'exposition et les intervalles entre images successives sont déterminés par le
systéme de réception. C'est le cas des caméras 3 miroir tournant, des caméras i .ambour, ainsi que des
systémes utilisant des obturateurs électroniques. Quel que soit leur mode d'utilisation, le temps d'exposi-
tion permis par ces caméras utilisées & grande vitesse est fonction de 1'intervalle de tewps entre images
successives et ne peut &tre choisi indépendamment. Ces systémes de réception sont en général utilisés avec
des sources lumineuses quasi-continues, qui éclairent l'objet avec une lumiére intense pendant la totalité
de 1'enregistrement.

La chronoloupe mentionnée plus haut est un exemple d'utilisation de la source lumineuse pour fixer la
durée d'exposition et la fréquence des images puisqu'elle utilise 24 éclateurs indépendants pouvant &tre
déclenchés par groupes de six., La réception est assurée par 24 appareils photographiques séparés. L'obren-
tion d'enregistrements plus longs comprenant plus de 24 images serait extrémement difficile pour des rai-
sons pratiques,

3.2 Emission

Des sources lumineuses fournissent des impulsions trés courtes et de grande émergie ont été dévelop-
pées récemment sous forme de lasers. Des lasers & rubis, & colorant ou des lasers YAG opérant en mode re-
laxé fournissent des impulsions de l'ordre de la microseconde. L'utilisation de techniques particuliéres
de modulation intra-cavité du laser permet d'atteindre des durées d'impulsion de l'ordre de la nanosecon-
de et les impulsions les plus courtes que 1'on peut obtenir en combinant la modulation intra-cavité avec
des technigues de mise en forme des impulsions extra-cavité atteignent la picoseconde. Mais les énergies
de ces impulsions restent limitées et il reste 2 résoudre le probléme de leur répétition et de leur syn-
chronisation avec des événements extérieurs. Un moyen d'obtenir des impulsions courtes, une fréquence de
répétition élevée et une énergie suffisante, est d'utiliser un laser YAG A impulsions longues et un dis-
positif intra-cavité [23], [21] adapté. On obtient ainsi des impulsions d'environ 400 ns ayant une énergie
de 1'ordre du millijoule et une fréquence de répétition de 100 kHz. L'énergie par impulsion peut &tre no-
tablement accrue par amplification dans une seconde téte laser. Néanmoins la durée d'impulsion et la caden-
ce de répétition ne sont pas idéales et, surtout, le probléme de la synchronisation avec un appareil exté-
rieur demeure.

L'utilisation d'un obturateur acousto-optique pour hacher le faisceau émis par un laser continu en
une série d'impulsions bréves permet de résoudre cette derniére difficulté, mais 1'énergie de chaque impul-
sion décroit linéairement avec sa durée, ce qui rend l'enregistrement photographique difficile, voire im-
possible.

Par contre, 1'emploi de techniques de modulation intra-cavité permet d'obtenir des impulsions aussi
bréves que 107'? g et des fréquences de répétition jusqu's 100 Miz. En particulier, la technique dite "cav-
ity dumping" est une bonne solution pour ume source lumineuse satisfaisant 3 toutes les conditions requi-
ses 3

énergie d'impulsion élevée,

- impulsions courtes {(environ 20 ns),

- fréquence de répartition réglable indépendamment,

- pas d'erreurs de parallaxe d‘'une impulsion 3 1‘autre,
- nombre d'impulsions non limité,

- synchronisation facile avec des événements extérieurs.

La figure 15 montre le principe du "cavity dumping". Lorsque le miroir M3 est en position basse, la
lumidre formée dans la cavité est renvoyée par les miroirs hautement réfléchissants M1 et M2 et n'effectue
que des aller-retour dans le milieu laser L ol elle est amplifiée dans les limites permises par les inévi-
tables pertes dans la cavité et par 1'énergie que peut fournir le milieu laser. Si le miroir M3 est alors
placé rapidement en position haute, toute l'énergie emmagasinée dans la cavité est réfléchie hors du laser
en un temps trés court qui ne dépend que de la longueur de la cavité et de la vitesse de la lumidre. La
vitesse de basculement du miroir est de wlme déterminée par le temps d'aller-retour des photons dans la
cavité. La puissance maximale d'une impulsion ainsi produite est environ 50 fois supérieure a celle four-
nie en régime continu.

Plusieurs types de modulateurs acousto-optiques ou électro-optiques peuvent &tre utilisés actuelle-
ment. La figure 16 montre le montage que nous avons retenu. Il comsiste en un cavité "replide" par trois
miroirs dont deux focalisent le faisceau pour le ramener au diamétre recquis pour obtenir une réponse suf~-
fisamment rapide du modulateur acousto-optique utilicé ici pour dévier le faisceau hors de la cavité du
laser.

Un des avantages de l'utilisation du laser comme source lum.neuse est le fait qu'il peut &tre utili-
sé aisément pour des montages optiques différents : ombroscopie, interférométrie et méme holographie [22].
Les techniques les plus simples sont 1'ombroscopie et 1'interférométrie différentielle. Toutes deux sont
basées sur les variations locales de 1'indice de réfraction dans le champ de 1'écoulement, Les deux tech-
niques ne nécessitent que des montages simples cBté émission et peuvent &tre utilisées avec différents
systimes de réception. L'holographie fournirait d'avantage d'informations sur la nature tridimensionnelle
de 1'écoulement, mais demanderait la mise en ceuvre d'un montage plus complexe et d'une technique d'enre-
gistrement spéciale difficiles & utiliser dans 1'environnement d'un tunnel de tir hypersonique.




3.3 Réception

Le probléme le plus délicat est celui de la caméra utilisée pour la réception. Le déplacement des
images successives sur le support d'enregistrement doit avoir lieu trés rapidement. Différents types
de caméras existants, sont actuellement disponibles & 1'Institut et peuvent &tre utilisés pour la récep~
tion des images obtenues.

La premiére caméra, et la plus lente, est 3 tambour tournant, Le film est fixé sur un tambour cylin-
drique de grand diamétre dont le périmétre extérieur se déplace dans le plan focal de l'objectif avec une
vitesse tangentielle pouvant atteindre 100 m/s, soit un déplacement de 0,! mm par microseconde. Si 1l'on
veut enregistrer des images successives ayant une hauteur de 10 mm (ce qui est un minimum raisonnable),
un intervalle entre images de 100 ps est un minimum, Mais la possibilité d'enregistrer 100 images avec une
cadence de 10 kHz peut &tre intéressante pour l'étude d'écoulements plus lents.

Le deuxiéme type de caméra disponible est & convertisseur d'image électronique. Ses avantages sont
une fréquence extrémement €levée et un gain de lumidre di 3 un amplificateur de luminance incorporé. Ses
inconvénients sont une faible résolution et un nombre d'images (au surplus de petite taille) limité 2 8 ou
16, De plus, le laser ne peut &tre aisément synchronisé image par image avec la caméra en raison de son
obturateur électronique interne. Cependant, cette caméra est utilisée pour mettre au point le montage opti-
que et le dispositif de synchronisation avec le passage du projectile.

Les figures 17 et 18 montrent des exemples d'images obtenues avec cette caméra. Les images se succé-
dent de haut en bas et de gauche 3 droite. L'intervalle de temps entre deux images est de 5 us. Les vitesses
du projectile sont respectivement de 3023 m/s et de 3000 m/s. Les deux séries d'images montrent clairement
la structure de 1'écoulement autour du projectile, mais la frontiére du sillage n'est pas visible.

La figure 19 donne des images du sillage longtemps aprés le passage du projectile. La distance de ces
images au projectile n'a pu Btre déterminée en raison d'un probleme de synchronisation, mais on distingue
de nombreux détails du sillage. On voit également les réflexions des ondes de chocs sur les parois du tun-
nel de tir.

La troisiéme possibilité, et la plus prometteuse, est l'emploi d'une caméra avec un miroir a plu-
sieurs faces mis en mouvement par une turbine & gaz. Avec ce type de cauwéra le temps d'exposition est une
fois de plus proportionnel 3 la fréquence de répétition des images. Cependant, un signal de synchronisa~
tion image par image permet de diminuer nettement le temps d'exposition indépendamment de la fréquence de
répétition au moyen du laser utilisé comme source lumineuse. Cette synchronisation est simplifide si la ca-
méra peut &tre utilisée en tant que caméra i fente., Alors seulement le laser commande & la fois le temps
d'exposition et 1'intervalle entre les images. Cette caméra peut enregistrer jusqu'a 80 images successives
du méme phénoméne.

4. Conclusion

Comme on a pu le voir le principal probléme réside dans le choix d'un systéme de réception adéquat et
celte question n'est pas tout & fait résolue, Cependant les premiers résultats sont encourageants et ie
probléme devrait trouver une réponse assez rapidement.

On disposera alors d'une méthode permettant 1'étude du développement des instabilités dans les écou-
lements hypersoniques ou 1'étude des écoulements hypersoniques instationnaires. En effet, son application
n'est pas limitée au tunnel de tir et, contrairement 4 ce que 1'on pourrait croire instinctivement, les or-
dres de grandeurs 2 atteindre sont 3 peu prés les mémes en soufflerie hypersonique qu'en tunnel de tir. En
effet, les vitesses de convection des instabilités sont souvent du méme ordre que celles de 1'écoulement,
c'est-a-dire celle du projectile en tunnel de tir.
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Fig. 1 : Schéma et caractéristiques des canons i gaz léger de 1'ISL

Fig. 2 :

Canons a gaz

léger de 20 (au premier plan) et de 10 mm de 1'ISL




Fig, 3 : Vue du tunnel de tir
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Fig. 5 : Schéma du dispositif strioscopique
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! tunnel de tir

L F11 projectile
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Fig. 6 : Schéma A'un montage strioscopique & double passage, en tunnel de tir.
M, : miroir sphérique; Mz, M3 : miroirs plans; F : diapositif d'éclairage;
H : hublot de verre; P' : plaque photographique; Cy, C2 : coutesux

Fig. 7 : Photographie d'une installation strioscopique en tunnel de tir
(schéma de principe fig. 6)
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x.m? = 115 mm J

Fig. 8 : Strioscopie & couteaux paralléles 2 l'axe du tir 469. )
Calibre du projectile 12,4 mm, Vitesse 4113 m/s. Pression 100 mmJg

x,m‘-mm

*TR

« 98 mm

2

distance (théorique) du nez du c8ne au milieu
de 1'image = 149 mm

Fig. 9 : Strioscopie A couteaux parall2les & 1'axe du tir 462.
Calibre du projectile 12,4 mm. Vitesse 4674 m/s. Pression 100 mmig

distance (théorique) du culot au centre de 1'image = 205 m_l

xTRz = 250 mm

Fig. 10 : Strioscopie 3 couteaux perpendiculaires & 1'axe du tir 1263,
Calibre du projectile 6,2 mm. Vitesse 4614 m/s. Pression 60 umilg
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distance (théorique) du culot au centre de 1'image = 205 mm

xTRZ = 250 wm

Fig. 11 : Strioscopie 3 couteaux paralldles 2 1'axe du tir 1263,
Calibre du projectile 6,2 mm. Vitesse 4614 m/s. Pression 60 mmig

Fig, 12 : Strioscopie & couteaux paralldles 3 l'axe du tir 1268.
Vitesse 4780 m/s. Pression 20 wmmHg. Calibre du projectile 6,2 wm
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2 Lentille
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4 Caméra avec objectifs
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Schéma optique de la chronoloupe avec
miroir sphérique
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Schéma optique de la chronoloupe avec
tne lentille

Fig. 13
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Fig. 14 : Images d'un cylindre en vol hypersonique (chronoloupe)
v = 2700 m/s, &t : 8 us

M, L M, M,

Fig. 16 : Schéma optique du laser avec modulateur acousto-optique ®




Fig. 17, 18, 19 : Images obtenues i 1'aide de la caméra électronique At 5 ps
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THE DRAG OF SLENDFR AXISYMMETRIC CONES IN RAREFIFD HYPERSONIC FLOW
by
T. J. Rhys-Jones
Aerodynamics Department

Royal Aircraft Establishment
Farnborough, Hampshire, GUl4 6TD, England

SUMMARY

aerodynamic characteristics of a range of slender axisymmetric bodies fn rarefied hypersonic flow.
main purpose of this study was to assess the effects of cone angle, nose bluntness and Reynolds number on
the zero incidence drag of cones. 1In addition, some measurements of axial force, normal force and

pitching moment at incidence were made.

compared with correlations develoned to represent the change in drag coefficient in this flow regime
between continuum and free-molacular flow.

LIST OF SYMBOLS
2
base area, nr
b
Chapman-Rubesin viscosity coefficient, uyT, /u, Ty
axial force coefficlent
drag coefficient, D/qA
dras parameter, Cnlsinze (1 + 0.375 82)
vigcosity coeffictent. uyT /u Ty
base diameter
measured drag force

L
Knudsen number, (= 1.26Y M_/Re, &)

Yo /e
cone length

Mach number

Mach number parameter, M, sin 8 (1 + 0.375 82)¥
dynamic pressure, % oin

base radius of cone

nose radius of cone

Reynolds number, o _U.d/u_

Ve amhy

freestream speed ratio, U,/(2RT,)
temperature (absolute)
temperature parameter, To(1 + 3(Ty/To))/6

velocity

(1 + 0.4 Ty,/Ty) con 8 Cx
velocity parametcr,

(1 + 0.375 8%) stn’s Re,
.

viscous similarity parameter, ﬂ_(C./Re.'d)
angle of incidence

$/8in 8

ratio of specific heats

cone half angle

ambient mean free path of gas molecules

The bodies were tested at a nominal Mach number of 10 and at
flow conditions which correspond to those in the transitional rarefied flow regime.
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This Paper describes an experimental study performed in the RAE Low Density Tunnel to determine the
The

These data have been
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u vigcosity

Wy viscosity evaluated at Ty

[ density

¢ {Cp - th)/(Cnfm - CDi) or (Cy -~ CA1)/(CA5m - CAX)

¢ (Kn) bridging function

¥ bluntness ratio, rp/ry
Subscripts

Id sharp cone

fm free molecular valwe

i faviscid (continuum) value
o total or stagnation value
w wall value

© freestream value

1 INTRODUCTION

This Paper describes tests carried out in the RAE Low Density Tunnel to measure the aerodynamic
characteristics of a range of slender axisymmetric bodies in rarefied hypersonic flow. The maia purpose
of the study was to measure the drag of cones at zero incidence. It was intended to assess primarily the
effects of cone angle, nose bluntness and Reynolds number on the drag coefficient, however it was necess—
ary to consider also the effects of Mach number and the ratio of wall temperature to freestream tempera-
ture. The small variations in Mach mumber and temperature rat{o were due to the conditions and mode of
operation of the Low Density Tunnel. As well as some cones, biconic and triconic bodies were tested, and
some measurements of axial force, normal force and pitching moment at incidence were made. The purpose
of these tests was to provide material for an aerodynamic data base for slender bodies, and data for the
development of the so-called 'bridging functi?ns' which define the changes in serodynamic characteristics
through the transitional rarefied flow regime .

The transitional rarefied flow regime is that between continuum and free molecular flow, and is
where the viscous effects become increasingly significant. These viscous effects can lead to large
changes 1in the aerodynamic characteristice of bodies. For example, the zero incidence drag coefficient
of a slender body changes by an order of magnitude between its continuum value and its value under free
molecular conditions. 1In the transitional rvarefied flow regime the theoretical prediction of aerodynamic
loads is difficult even for simple axisymmetric bodies under zero incidence conditions. Hence it remains
necessary to rely on experimentally-derived data until the most promising of current prediction methods
(eg Monte Carlo direct simulation) are fully developed and validated for axisymmetric bodies at
incidence.

Over the last 10 years or so, there have been a number of studies in which the zero-incidence drag
of slender cones has been measured. However, the results obtained by different experimental investi-
gators do not show good agreement. These differences i{llustrate the problems of measuring small forces
on small models under rarefied flow conditions. The substantial scatter of data tends to obscure any
possible effecta of such parameters as cone angle, nose bluntness, freestream Mach number and wall tem—
perature. There has been no general agreement about the choice of parameter with which to correlate the
drag data, and no completely successful correlation has yet been achieved. The drag data have usually
been presented in the form of the coefficient, Cp , or the ratio of the coefficlent to the free-

molecular drag coefficlent, CD/chm . However, Potterl has suggested that the function
L] (- [CD - CDill(CDfm - CDI‘] {8 used since this removes the geometric effects of similar shapes. (¢(Kn)
is the 'bridging function' of interest, and CD1 18 the inviscid drag coefficient.) The chofce of

parameter with which the drag is correlated could by any of the traditional rarefaction parameters such

13
23 Reynolds number (Ren’d = poled/um), Knudsen number (Kn.,d = 1.26Y Mn/Ren,d) or the viscous similarity
parameter [V.,d - Hu[Gm/RB-,d]E]' All of these parameters have been used in the past to try to correlate

L1 L3
data, along with others such as Rew g(Ty/Te)” , K d(T,/Te) and more complicated ones. Geigerz has

proposed a correlation which includes terms such as the viscous similarity parameter, the inviscid and
free-molecular drag coefficieants, the ratio of wall to freestream tctal enthalpies and an empirfical
nose-bluntness factor. Taub® has proposed a correlation involving the viscous similarity parameter, the
wall to freestream temperature ratio and ¢ nose-bluntness factor. However, none of these correlations
are entirely satisfactory.

The present data will be used for comparison with simple Knudasen number bridging functions,
$(Xn) . Knudsen mumber is the ratio of the ambient molecular mean free path to a characteristic body
length (usually the base diameter for slender bodies), and 1is widely accepted as a scaling parameter for
low density flows. For Knw 4 <€ 0.01 the flow is considered to be continuum and for Rnw g4 > 10 the
flow is free-molecular. For these particular tests, the range of Kn q vee 0.0011 to 0.1606. Although
these teats fulfil the need for data over part of the Rnudsen number ringe in the transftional flow
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regime, there is s definite need for more experimental data over the range 0.1 < Kn..d <€5. It ie

hoped that future enhancements to the Low Density Tunnel may make the coverage of part of this range
possible. The present cone drag data will also be compared with the correlation of Taub.

Some additional tests on biconic and triconic axisyametric bodies at zero and non-zero snglee of
incidence were made. The zero incidence drag coefficient dsta for both these bodies and the non-zero
incidence axfal force data for the triconic body will also be compared with the Knudsen number bridging
functions.

2 EXPERIMENTAL DETAILS
2.1  Tunnel operating conditione

Four operating conditions of the RAE Low Density Tuanel were used for these tests. These
conditions correspond to two freestream Mach numbers of 8.58 and 9.84. The tunnel uses pure nitrogen ae
a test gas. The three standard conditions (M_ = 9.84) are achieved by operating the Mach 10 contoured
nozzle at slightly different stagnation conditions. The M, o= 8.58 conditfon results from operating the
nozzle at off-design conditions. The more rarefied flow at the off-design condition produces a thicker
boundary layer along the nozzle wall, and hence a lower Mach number in the free jet outside the nozzle
exit. Detailed axial and radial pitot probe traverses were carried out, and these confirmed the
uniformity of the nozzle flow at this off-design condition. The four counditione give & range of unit
freestreanm Re¥nolds number of 11380 per metre to 124023 per metre. The stagnation pressure ranged from
3.12 x 10"Mm % to 2.06 x 105Mm~2 and stagnation temperature from 1170 K to 2110 K.

2.2 Description of models

A large aumber of models were needed to carry out the parametric study of the effect of various
parameters on the zero incidence drag of cones. The parameters varied were cone angle, cone bluntness
and Reynolds (or Knudsen) number. The ratio of wall temperature to total temperature varied to a small
extent although this was not by chofce, but was governed by the tunnel operating conditions and the
material of the models. Cones of five different half angles (89) and eix different bluntness ratios (V)
were tested. This corresponded to a total of 30 different geometries. In addition to this, there were
five models of each geometry of different sizes in order to give more variation in Reynolds number than
provided just by variation of the four tunnel operating conditions. Hence there was a total of 150
models. The majority of these models were solid and made of mild steel. The exception to this was the
largest model for each of the different geometries which were thin-walled models made of a nickel alloy.
This was neceasary because a solid model of this size would have been too heavy for the sting to support
without bending.

These models were fairly slender cones with the half angles ranging from 4° to 10°. The bluntness
ranged from ¢ = 0 , a 'nominally' sharp cone, to ¥ = 0.5 , where the nose radius was half the base
radius. The range of model lengths was 26.7 mm to 300 mm. Full detaile of the various paramseters are
shown in Fig 1. This corresponded to a range of Reynolds numbers based on the cone base diamweter (Re_, d
of 80 to 13122, or Knudsen numbers (Kn_ d) of 0.0011 to 0.1606. ’

B

)

Also shown in Fig 1 are details of the biconic and triconic models. Only one geometry of each of
these shapes were tested. The two conic sections of the biconic body had half angles of 11.25° and 4.5°.
A single mwodel, of length 150 mm, was tested at one flow condition, corresponding to a Reynolds number
(Re-_d) of 3324 (Kne 4 = 0.00442). The three conic sections of the triconic body had half angles of
7.03°, 3.87° and 7.37°. Four different sized models, of lengths 50 mm to 200 mm, were tested at
different flow conditione to give a range of Reynolds number (Re ) of 157 to 6850 (Xn = 0.00214 to
0.0814), =,d =d

2.3 Force balances and model mounting

The drag forces on the models in the Low Density Tunnel were measured using three externally-mounted
force balaaces of different range. The balances were the Mk 1 one-component balance, and the 100 g and
500 g three-component balances. These three balances can measure maximum axial forces of 0.1, 1.0 and 5.0
Newtons respectively. At zero incidence the axial force is aslso the drag of the body. All three balances
operate on the ‘null’ principle and use an electromagnetically-derived restoring force to balance the sero-
dynamic loads. The two three-component balances, which measure axial force, normal force and pitching
moment, were used for all tests at non-zero angles of incidence.

All three balances were similarly mounted from rails on the roof of the evacuated working section.
The balances were carefully shielded from the high temperature 'free jet' gas flow to prevent any errors
due to heating effects. Each force balance was calibrated statically prior to wind-tunnel testing. The
repeatability of the measurements from the force balances is t%% and the accuracy 1% of full load. It
is estimated that the overall accuracy of the drag coefficients 1s 4% when uncertainties in the tunnel
test flow conditions are taken into account. The results used were those for which the balance was most
appropriate to the level of axial force experienced on the model. This would maximise the accuracy of
the results. Hence the Mk 1 balance was used for the very small models where the forces were low, and
the 500 g balance was used for the larger models where the forces were much higher.

There are two other factors which could affect the measurements. These factors are sting inter-
ference and shroud interference effects. The model is mounted on a horizontal sting which 1s rigidly
attached to a vertical sting connected to the balance in the roof of the working section. The vertical
sting is protected from the heat of the gas flow by a shroud to prevent any errors due to heating
effects. The horizontal sting passes through a hole in the shroud before its attachment to the wvertical
sting. At no point do the horizontal or vertical stings touch the shroud and great care is taken to make
sure this is always so.
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Sting interference effects are due to the sting diameter being large in relation to the dismeter of
the base of the model being tested so as to modify the pressure fleld (and hence the drag) in the region
of the base. For the standard AGARD supersonic/hypersonic calibration models" HB-1 and HB-2, it is
stated that the sting diameter must not exceed 30Z of the base diameter on an axisymmetric body in order
to avoid sting interference effects. For the very smallest models tested in this tunnel programme, the
sting diameter vas only 231 of the base diameter and for all the other mwodels it was less than 20X of the
base dismeter. Hence it is concluded that all these measurements are completely free of sting inter-
ference effects.

The shroud interference effects will be caused by the shroud being too close to the base of the
model (e the length of the horizontal sting being too short). The shroud, in the same way as a large
sting, may modify the pressure field in the region of the base of the model and hence alter the drag.
Experiments showed that the shroud interference effects were most severe for the small models when the
base diameter is of the order of the shroud width. Stings of differing lengths were used and the
pressure close to the base was measured using a tube mounted on the sting. The results showed a con-
siderable varistion in base pressure with the separation distance between the base and the shroud. The
minimum distance to avoid interference for each case could readily be deduced from these results.

2.4 Estimation of model wall temperature

As the wall temperature ratio, Ty/Tp , is known to have a large effect on the value of the drag
coefficient, Cp (see, for example, Ref 5), it was important to estimate the values of T,/Tg which
apply to this present data. The estimation of T,/Tp was made difficult by the method of operation of
the Low Density Tunnel. Firstly, each of the four 'standard' tunnel operating conditions have a dif-
ferent stagnation temperature, and secondly, the ‘warming up' of the graphite hester and the establish-
ment of the stable flow condition takes a period of 2-3 minutes. During this time the temperature of the
model increases by kinetic heating from the flow and by conduction within the model itself. This results
in tewperature gradients along the surface of the model, the nose of the model being considerably hotter
than the base. The problea is further complicated by the use of both the large thin-walled nickel alloy
models and the smaller solid steel models.

In order to measure these temperature gradients, and estimate values of T,/Tg for the models as a
whole, use was made of the AGA infrared thermal imaging system. This {s a non-intrusive technique for
measuring the infrared radtation emitted by a surface. The model was viewed by the long-wavelength
(8-14 um) camera through an infrared-transmitting wvindow mounted in the eide of the tunnel working-
section. The signal from the camera is d to a microcomputer and is p ted as a temperature con-
tour map. Using the software available for the aicrocomputer the thermal images were processed. The
aean surface temperature was calculated for both the solid and thin~wall models at each of the four flow
conditions. The accuracy in the measurement of T, 1s estimated to be £5%. The range of mean values of
Ty/To for the solid models were 0.16 to 0.31 and for the thin-wall models 0.31 to 0.52.

2.5 Values of continuumm and free-molecular axial force coefficient

In order to compare the present data in the transitional rarefied-flow regime with its limiting
values and to be able to define 'bridging functions', ft was necessary to obtain values of continuum and
free-molecular axial force coefficient for the geometries used in this study. Although one set of the
limiting values of axial force coefficient are referred to in this paper as the continuum limits, the
values actually used are lnviscid. In the equations for inviscid-flow all shear terms are ignored, and
the flow is strictly inertial. 1In practice, continuum flow corresponds to high Reynolds number flow
where the viscous effects are small but not negligible. The values of the zero incidence axial force (le
drag) coefficient and non-zero incidence axial force coefficient for the various geometrics were obtained
from computational methods.

The values of the inviscid axial force coefficient were obtafned from a Report by Morrison et als-
These values were calculated using a NSWC/WOL? computer code based on a finite~difference solution of the
steady inviscid three~dimensional compressible flow equations for a perfect gas with Y = 1.4 . These
values are for M_ = 10 and include the contribution of base drag.

The values of the free-molecular axial force coefficient were obtained from unpublished RAE data.
These values are for M = 10 and T,/T_ = 1.08 , and vere calculated using a free-molecular computer
code. The usual assumptions of perfect normal momentum accommodation and diffuse reflection were made.

3 DISCUSSION OF CONE RESULTS
3.1 Measured drag of sharp and blunted cones

The measured zero incidence drag forces on the cones were converted to the usual serodynamic coef-
ficlent form, Cp , using the base area as the reference. Some of the data are presented in graphical
form in Figs 2 and 3. These graphs show Cp plotted against Rnw 4 , the Rnudsen number with the base
diameter as the reference dimension. Fig 2 shows the effect of bluntnesa ratio, % , on Cp for the cone
half angle, 8 , of 8°. Fig 3} shows the effect of 8 on CD for ¥ = 0.1.

It can be seen from these graphs that for all the present data, the values of Cp 1ie between the
calculated continuum and free molecular values as would be expected. Also, the expected trend of Cp
increasing with increasing Kn..d (or rarefaction) can be clesrly observed. No graphs have been plotted
to illustrate specifically the effects of Mach number and wall temperature as these are generally small
in the present work. Data for the different Mach numbers of 8.58 and 9.84 can be distinguished on all
the figures. FKeel et a18 state that for Mach number {ndependence, the criteria is M, 8in & > 1, or,

more specifically, S ein 6 » 1 (where Se = (Y/2) Ms) . For the present data the values of Se sin O
range from 0.50 (for 8 = 4° and Mw = 8.58) to 1.43 (for ® = 10° and Ms = 9.84), Hence the present data
cannot be considered to be Mach number independent.

— - —-~
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These Figures indicate that the range of K 4 presently covered by the Low Density Tunnel 18 the
one where the most significant changes in Cp characteristics occur. At the lowest values of Kaw d .
for which the present data exist, it can be seen that the values of Cp are considerably higher than the
continuum limits. This indicates that there is a very significant viscous contribution to the drag at
this value of Kn (around 0.001). (The flow is considered to be continuum at around Rew 4 ~ 107 or
Knm g ~ 10 6 for 'M» = 10 .) At the higher values of Kom 4 , the present data 1s approaching the free
molecular limits but is not close enough to be able to ascertain whether it will approach these limits
asymptotically, as the lower Kne g4 data does to the continuum limits.

The apparent slight scatter in the data (Figs 2 and 3) is mainly due te the different model
materials and flow conditions (ie different values of Ty,/Tg ). Although these differences in Cp are
only about 10 at the most, it 1is clear that they are greater for the blunter cones. That is to say, the
effect of T,/Tg increases with fncreasing % . The effect of Cp increasing with {ncreasing Tw/To
has been noted by many researchers. In particular, Dahlen® found that the value of Cp for a hot wall
(Ty = T0) model was 11% greater than that for a cold wsll (T, = T=), whereas Crawford® found that this
increase was between 11X and 19X, and was greater for blunt cones than for sharp cones.

Fig 2 shows the effect of bluntness for 6 = 8° . It is clear from this Figure that for values of
¥ from 0 to 0.2 inclusive, the corresponding values of Cp are very similar. An increase in the values
of Cp between each value of ¢ from 0.2 to 0.5 {s clearly observed. However, the effect of
appears to decrease with increasing Knw g . These trends were also observed for the other values of
@ (4°, 6°, 7° and 10°). Unfortunately, there is no data available for higher values of Kiw g4 , but it
would be expected that the effect of ¢ decreasing with increasing Kne 4 would continue, as is shown
by the free molecular limits.

Pig 3 shows the effect of cone angle, 8 , for the bluntness ratfo, ¥ , of 0.1. It is {mmediately
clear that the effect of € on Cp 1s much less than that of ¢ for the range of vslues of 8 and ¥
used in this study. The graph shows a cross-over of the data as would be expected by looking at the con-
tinuum and free molecular limits. At the lower values of K.n.'d the highest value of Cp ie for the
8 = 10° case, whereas at higher Rnw 4 the highest Cp 1s for the 8 = 4° case. These trends were also
observed for the other values of ¢ (0, 0.2, 0.3, 0.4 and 0.5). Fowever, it was obaerved that this cross-—
over point occurs at about Kme g = 0.01 for the ¢ = O case, and at decreasing values of Khe g4 with
increasing ¥ to about ¥nm g4 = 0.005 for the ¢ = 0.5 case. Over the region FKnw g4 = 0.001 to 0.01,
there is only & very small effect of 6 , whereas for Kmw g = 0.01 to 0.16, the 6 = 4° data are
markedly higher than the rest. The data for values of 6 between 6° and 10° appear to lie on the same
curve. These trends are exactly what would be expected a8 the data approach the free molecular values.

3.2 Knudsen mumber correlations

The effects of cone angle, bluntness, wall temperature, Mach number and Reynolds (or Knudsen)
number on the drag coeffictlent of a cone at zero incidence have been described earlier. Any correlation
which is derived to define the drag coefficient of a cone 1a the transitional rarefied flow regime must
take into account all of these effects, which may well all be interdependent. The alternative, in the
extreme, may be to derive a separate correlation of drag coefficlent with Reynolds or Knudeen number for
each value of cone angle, bluntness, wall temperature and Mach number. Tt {s expected that, in practice,
a compromise between these two extremes will have to be reached. For example, this may be a series of
empirical relations defining the effect of each parameter, or perhaps a series of relations, each only
applicable to a certain range of geowetries and flow conditioms.

A logical choice of correlating parameter is Reynolds number or Knudsen number, since both of these
have fixed values at which the transitional rarefied flow regime is congidered to end. At these limits,
the continuum and free molecular flow regimes exist. The value of the drag coefficient for a given
geometry is constant within these two regimes. Hence there are fixed values at either end of the tran-
sitional rarefied flow regime to which any correlation must asymptote. However, one comes acrogs the
first problem when it is realised that the free molecular drag is wall temperature dependent whereas the
f{aviscid drag {s not. Also, only the free molecular drag 1s sensitive to surface roughness and normal
momentum accommodation features, which are not discussed at all in this Paper. The effect of Mach number
on drag (for Ms > 2) 1s the opposite in inviscid flow to that in free molecular flow. The effect of
bluntness 18 much reduced between the continuum and free molecular limits, whereas the effect of cone
angle is reversed. To take into account all these changes in the effects will be very difficult.

Dnhlen9 carried out a study simflar to the present one in s low density tunnel, where the effects
of cone angle, bluntness snd wall temperature were measured. A number of attempts were made to see which
were the best parameters to collapee the data. He concluded that the drag was best represented in the
form originally suggested by Potter , that is (Cp - CDl)/(CDﬁ. = Cpy)- It was considered that this para-

meter, also known as ¢ , reduced the effect of bluntnesa compared with CD/CDf. ot fust Cp . Also the

relation has limiting values of ¢ = 0 for continuum flow and ¢ = 1 for free molecular flow. The drag
was plotted against a number of flowfield parameters such as Reynolds and Knudsen numbers, with both the
base diameter and cone length as reference lengths, Reynolds and Knudsen numbers multiplied by the wall
temperature-ratio, and the viscous similarity parameter. It was concluded that the Knudsen number with
base dismeter as reference, FKne 4 , waa the best parameter. A graph of ¢ plotted against Kne 4 will
give a curve which can be defined by a function ¢ (Kn) - this {is known as the 'bridging function’.

Fig &4 1s a graph with ¢ plotted against Kme 4 showing all the present data. It cen be seen
that there is a significant collapse of the data when it is compsred vith the earlier graphs showing the
variation of Cp with Kne 4 - A first order Knudeen mmber relationship (bridging function),
4= (ln.,d + 0.008)/(Knw 4 + 0.09) 1s shown on this graph. This relation {s a good fit to the dats, and
asymptotes to the lower {imit of ¢ = 0.089 rather then ¢ = 0 . (However, the lower limit of ¢ = O
is not realistic. In practice, the viscous effects, although smsll, sre not negligible in continuum flow
and so the continuum value of Cp will be greater thas the inviscid value. Therefore, a lower limit of
¢ >0 for continuum flow is better in reality.)
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By looking at the effects of the various parameters as shown earlier, {t is clear that the drag of
the 4° cones 1is most influenced by wall temperature and Msch number. Since these effects are much more
extreme than for other values of ¢ , it was decided to exclude the © = 4° data from the next graph.
Fig 5 shows ¢ plotted against Kn.._d with all the data for & =6, 7, 8 and 10°. It is {emediately
clear that the exclusion of the © = 4° data brings about a significantly greater collapse of the dats,
particularly at the higher values of Kiw 4 . The temoval of the ¥ = 0.5 data may reduce the spread of
the data further. However, it was decidea that this would not be greatly beneficial, since much of the
spread was due to the effects (although greatly reduced by the use of ¢) of 6 , M_ and Tw/To « A
second-order Knudsen mmber relationship is suggested -

. (Ka, 4 + 0-008)(Ka_ , +0.0005)
(R, , + 0.C)(Ku, , +0.0008)

This bridging function 18 ehown on Pig 5. This relation is also a good fit to the data, and aasymptotes
to the lower limit of ¢ = 0.056. However, it is coneidered that the second-order relationship is the
better curve and should certainly be adopted for values of Kn.'d € 0.001 . Further data are needed at
values of Knw 4 not covered by this present study to enable a better fit curve to be defined.

3.3 Taub relatfons

A particular criticism of the ¢(Kn) bridging functions i{s that they do not make any allowance for
wall temperature effects other than in the value chosen for the free molecular drag term. (Wowever, ft
wag decided not to incorporate this in the present study, for simplicity, and so all values of cbfn
were evaluated at the same value of T,/To , equal to 0.05.) A method which does allow for wall tempera-
ture effects more formally (as well as thoge of Mach number, cone angle, nose bluntness and Reynolds
number) is based on correlations by Taub? of wind tunnel and ballistic range data for sharp and blunted
cones at zero incidence in rarefied hyperaonic flow. It was found that the results correlated well when

plotted in terms of two parameters ED and U , which are defined as

- S
b -
b 8in28(1 + 0.37582)

(1 + 0.4T,/Tg) cos b Cx )
" .
(1 + 0.37582) sta?e Rew 4

where B8 = ¢/sin 6

and Cx 1s a coefficient defined as Cx - uxT./u_Tx .

To Tw
Te = T {143 —
x 6 To

Taub also estimates a 'hypersonic limit' which all data for M > 4 reach. This limit 1s defined by
the equation

with

€, = 2+ 1.680 + 1.66 x 107252 + 4.5 x 10745

and the parameter M {s defined as

%
f o= u_ stne (1+0.37%7) .

Some of the present data are plotted on a graph of ED against U (Fig 6). Also shown is the estimated
"hypersonic limit'. Taub suggests that curves exist for each value of M until the hypersonic lisit is

reached. Some of the present data are plotted in an attempt to show the effect of M. From the 6 = 7°
data, it can be seen that the % = 0.2 cases lie between those for ¢ = 0 and % = 0.5 . The other
data selected for this graph were for 6 = 4° and 10° and ¢ = 0 and 0.5. The aim of this was to be
able to show the extremes of the various geometric parameters (which corresponded to extremes in values

of i). It can only be concluded from the effects of the data shown that all the other data will lie

o Amm s e M il e e o ——— R - - —_
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between the limiting values. To plot all the present data would make it impossible to determine the
effect of M . The correlations produce s reasonable collapse of the data, the worst case, once again,
being the 0 = 4° data. However, tais value of 6 falls outside the range of conditions of the data
from which Taub derived the correlations. The data he utilised actually encompassed the ranges:

5° € 8 € 30° 0.0 € T,/Tp < }; 0%y < 0.82, and 2< Me € 21.5 . The effects of 6 and ¥ seem

to have been well accounted for in the expression for M , although changes in M_ are, perhaps,
overcompensated for. (This 1s observed by looking at the data for the same geometry - the M, = 8.58
data (lower M) lies closer to the hypersonic limit than the M, = 9.84 data (higher M) for all the
geometries shown.) It can only be concluded that this fs the reason for the data not lying in ascending

order of M . However, 1t may also be an incorrect assessment of the effects of T'/T0 in the
formulation of the parameters Cp and U .

3.4 Comments on correlations

Comparing Figs 5 and 6, it can be seen that with the removal of the 6 = 4° data, the ¢ versus
Kne 4 graph (Fig 5) produces a better collapse of data than that produced by the correlations of Taub.
Although Taub's correlaticns are some 20 years old and have no physical basis, it can be seen that the
present data do not dissgree with them. As M increases, so the data tends towards the 'hypersonic
limit’. There are two criticisms of Taub's correlations. First there is no free molecular limtt (value
of Cp corresponding to high ﬁ) as given by kinetic theory, hence the bridging function, ¢ (Kn), is a
better physical concept. Secondly, the 'hypersoanic limit' (M > 4) is not realistic, especially for cones
with high values of ¥ ; for in these cases the criterion is met for M, values < = . Although a
relation expressing Cp in terms of a power series in U, following Taub, could have been derived as a
best-fit curve to all the data, it is considered that the ¢ (Kn) relations would be better fits to the
present data.

4 DISCUSSION OF BICONIC AND TRICONIC RESULTS
4.1 Measured axial force

The messured axial forces on the trionic body were converted to the usual aerodynamic coefficient
ferm, Cp, . The data, for angles of incidence, & , of 0° to 20°, are presented in graphical form in
Pig 7. This graph shows Ca plotted agatnst Knm g . It can be seen from this graph that all the
measured values of C, 1ie between the calculated continuum and free molecular values. The expected
trends of Cp increasing with increasing Kne g4 and. @ can clearly be obscrved. The values of C,
for o = 5° are only slightly greater than those for a = 0° , but there are progressively larger
increases in these values for a = 10° and 20°. These trends are reflected fn the continuum and free
molecular values. (The inviscid computational method breaks down at incidences greater than 15°, so
cAi for a = 20° could not be calculated. However, CAf‘ = 2.802 for a = 20°.) The magnitude of the

changes in Cp with a are comparsble to the changes in Cp with ¢ for the cones, reported earlier
in this paper (over the ranges of a and ¢ tested). Again, the M_ = 8.58 data appear to lie on a
lower curve than the M, = 9.84 data. This is believed to be due to the effects of Mach number and wall
temperature.

4.2 Knudsen number correlations

Since the effects of a (for 0° < a < 20°) are of the same order as those of ¢ (for 0 < ¥ < 0.5),
there is no reason why the parameter 4 should not collapse the C, data for the triconic body {n the
same way as it collapses the Cp data for the cones. With ¢ being defined as ¢4 = (Cp - cAi)/

(CAf- - CAI.)' changes in the axial force at incidence can be plotted against Knm g Pig 8 1s a graph

with ¢ plotted againet Knw 4 showing the triconic data for a = 0°, 5° and 10°, and also the biconic
data for a = 0° . The effect of a 1is significantly reduced by the use of the parameter ¢ . In
addition, the collapsed data 1s fitted reasonably well by the bridging function

(Kt 4 + 0.008) (Kne 4 + 0.0005)

(Knw 4 + 0.09) (Knm 4 + 0.0008)

which vas suggested earlier to fit the zero incidence cone data. Hence this shows that the principle of
using a bridging function of the form ¢ (Kn) can be extended to cover the axial forces on slender axi-
syametric bodies at low angles of incidence.

5 CONCLUSIONS

An experimental investigation has been carried out in the RAE Low Density Tunnel to measure the
zero incidence drag of sharp and blunted cones in rarefied hypersoni: flow. The effects of a number of
geometric and flow parameters on the drag coefficient, Cp , have been determined. The parameters which
were varied and their range of values were as follows:

cone half angle, 6 4, 6, 7, 8 and 10°
cone bluntness ratio, ¢ 0, 0.1, 0.2, 0.3, 0.4 and 0.5
Mach number, Ma 8.58 and 9.84
Reynolds number, Rew 4 80 to 13122
Knudsen number, Kne ¢ 0.0011 to 0.1606
wall to total temperature ratio, T,/Tg 0.16 to 0.52
r. .
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The range of Xnw g 1ies in the transitional rarefied flow regime. The transition referred to is thdt
from continuum to’ free molecular flow. All measured values of Cp were between the calculated continuum
and free wolecular limits. As expected, it was found that the effect of incresasing Kne ,4 was to
increase Cp . The effect of 8 was ssall, however a cross—over in the Cp traces vas ‘observed with
the smsllest value of 6 having the highe.t value of Cp at the higher values of Knm 4+ For vilues
of ¥ from 0 to 0.2 inclusive the values of Cp were similar, but for % > 0.2 ¢p increased with
increasing ¢ .

The effects of these various geometric and flow parameters are reduced by plotting the function

¢ (=(Cp - Cnl)/(cnf- - Cpt)) against Knw 4 . A d order Knud ber empirical relationship,
. (Kn.,d + 0.008) (Ku_)d + 0.0005)
(m:'_'d +0.09) (kn, , + 0.0008)

has been suggested to fit the present data. In addition to the zero incidence cone drag, it was found
that this relation also fits data for the zero incidence drag of biconic and triconic bodies and the
axial force of the triconic body at incidences up to 10°. It is recommended that this relation is used
for any calculations related to the zerc incidence axial force (ie drag) and low incidence asxial force of
slender axisymmetric bodies in the transitfonsl rarefied flow regime. The definition of a better
bridging function, ¢ (Xs), and a greater understanding of the effects of the various parameters requires
data at different values of Kuw g , Me , a snd Ty/To .

In addition to the low incidence axial force there is a need to be able to define changes in other
aerodynamic charactertstice of slender bodies through the trans{tional rarefied flow regime. This stems
from a requirement to be able to predict the performance of bodies re-entering the Earth's atmosphere.
The aerodynamic characteristics required are the axial force coefficient at higher angles of incidence,
the normal force coefficient at angles of incidence, the centre of pressure position at angles of inci-
dence, and heat transfer rates at zero and non-zero angles of incidence. The limited data obtained so
far from the Low Density Tunnel does not cover a wide enough range of Kne ,d to be able to ascertain the
effects of the various geometric and flow parameters on these other aerodynnllc characteristice. 1t e
hoped to carry out the study of these complementary characteristics over & wider range of ¥n_ e d in the
near future.

Copyright © , Controller AMSO London, 1987
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LOW REYNOLDS NUMBER INFLUENCE ON AERCDYNAMIC PERFORMANCE
OF HYPERSONIC LIFTING VEHICLES

by

Georg Koppenwallner
Priv.Doz.Dr.~-Ing., Section Head
DFVLR Institute for Experimental Fluld Mechanics
Bunsenstrasse 10, D-3400 Gdttingen, F.R.G.

SUMMARY

The aerodynamic performance of 1lifting reentry vehicles in the high Mach number
Ma > 10 and high altitude H > 50 km regime is analyzed. Due to the high flight
velocity chemical reactions and due to the low density viscous and rarefaction effects
are of Importance. Free flight data of the US-Shuttle and low density wind tunnel data
of DFVLR are used. It is found that aerodynamic performance loss and a destabilizing
pitching moment change can be explained by viscous-rarefaction effects.

IST OF SYMBOLS

axlal force coefficient

c
c: normal force coefficient
cp drag coefficient
e, 1ift coefficient
Cy pitchingﬁmomenc coefficient;
‘M T og,s °F M T Teg_es
CP center of pressure
B reference chord length
d diameter
H altitude A A
Kn Knudsen number; Kn = Tﬁ or ES
ch chemical relaxation length
body length
Ma Mach number
Re Reynolds number based on vehicle length 1
1f not otherwise stated
s plane form area
Sc scale
v flight velocity
Vv, ¥ viscous parameter; V = 2. ¢ - ,»._Ma
. /Re Re
X coordinate in length direction
Xp center of pressure coordinate
Xy moment reference point coordinate
] angle of attack
A molecular mesn free path
§ boundary layer thickn